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A6STRACT 
This s t u e  experimentally and ana ly t i ca l l y  investigates the loca l  and 
general buck1 ing  behavior o f  graphi te/polyimfde sandwich panels simply 
supported along a l l  four edges and loaded i n  uniaxial  edgewise compression. 
Material properties o f  sandwich panel constituents (adhesive and facings) were 
determined from f la twise tension and sandwich beam f lexure tests. An adhesive 
bond $tu@ resulted i n  the selection of a sui table cure cycle for FM-34 
polyimide f i l m  adhesive and, a bonding %xhnique using a l i q u i d  cell-edge 
version of that  adhesive resulted i n  considerable mass savings. Tensile and 
conpressive material propert ies of  the facings (quasi - isotropic, symetr ic ,  
lamitiates ([0,+45,90,-45]s) o f  Celion/PMR-15) were determined a t  116, R.T., 
and 589K (-250, R.T., and 60OoF) using the sandwich beam flexure tes t  method. 
Results indicate that &/PI i s  a usable structural  material for short term use 
a t  temperatures as high as 589K (600OF). Suckling specimens were 30.5 x 33.0 
cm (12 x 13 in.), had quasi isotropic symnetric facings ([0,+45,90]s) and a 
glass/polyimi de honeycomb core (HRH-327-3/8-4). Core thicknesses varied 
(0.635, 1.27, 1.91, and 2.'4 cm (0.25, 0.50, 0.75, and 1.0 in.)) and three 
panels of each thickness were tested i n  edgewise compression a t  room 
temperature t o  investigate f a i l u r e  modes and corresponding buckling formulas. 
Specimens 0.635 cm (0.25 in.) th ick fa i l ed  by overal l  buckling a t  JDads close 
t o  the analy t ica l ly  predicted buckling load; a l l  other panels fa i l ed  by face 
wrinkling. Results o f  the wr inkl ing tests indicate that  several buck1 ing 
fo rm1  as were unconservat i ve and theref ore not sui tab1 e for desi gn purposes ; 
recomnended wrinkl ing equatfons are presented. 
ii 
In conclusion, the buckling behavior o f  Gr/PI sandwich panels, predicted 
analytical ly, has been characterized experimentally and m u 1  ts compare 
favorably . 
iii 
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CHAPTER I 
INTRODUCTION 
1.1 General 
Structural sandwich construction i s  defined as a c o n s a c t i o n  consist ing 
o f  a combination o f  a l ternat ing d iss imi lar  simple or composite materials, 
assembled and int imately f i xed  i n  r e l a t i o n  t o  each other so as t o  use the 
properties o f  each t o  speci f ic  s t ructura l  advantages f o r  the whole assembly 
(ref. 1). Some o f  the many advantages of sandwich construction include: high 
strength-to-wei ght ra t io ,  smooth surfaces, good stabi 1 ity, high load carrying 
capacity, increased fat igue l i f e  and high sonic fatigue endurance, and good 
insulat ive properties. For these reasons the use of  sandwich construction has 
steadi l y  increased. 
Sandwich construction i s  by no means a novel concept. Although accounts 
of i t s  o r i g i n  d i f f e r  among authors, one of the f i r s t  records of the use o f  
sandwich structure i s  that  by Fairbairn i n  1849 (ref. 2) i n  the construction 
o f  the Britannia Tubular Bridge. 
the a i r c r a f t  industry came i n  the early 1900's with the desire t o  b u i l d  a t rue 
monocoque airplane (ref. 3). 
f o r  the pontoons o f  the Sundstedt airplane, b u i l t  i n  the United States, i n  
1924 a German patent was granted t o  Th. Von Karman and P. Stock, and i n  France 
i n  1338, S. E. !4autner designed and b u i l t  sandwich wings f o r  a small pr ivate ly  
owned a i r c r a f t  (ref. 4). The ear ly  1940's saw the coming of age of  sandwich 
construction wi th the B r i t i s h  World Mar I 1  de Havi l land Mosquito Bomber whose 
fuselage had a balsa wood core i n  conjunction wi th  plywood facings. Various 
cores have been used (ref. 5) but the most successful t o  date has been the 
hexagonal-cell horleycomb core which has been used i n  structural  panels f o r  the 
The incentive fo r  sandwich development i n  
I n  1919 sandwich structures were used as sk in  
1 
8-58, 6-70, and F-111 series aircraf t ,  as well as i n  many production 
hel icopter ro to r  blades and also i n  the Apollo spacecraft. Aluminum honeycomb 
sanddich i s  presently s e d  i n  the construction of  the B r i t i sh  Concorde (ref. 
6) . 
The development o f  new materials such as composites (laminas o f  
high-strength f ibers  embedded i n  a resin matrix, oriented a t  various angles 
wi th  respect t o  one another and consolidated t o  achieve desired d i rect ional  
material properties), and new adhesives and fabr icat ion techniques as well  as 
innovative design concepts (ref. 7) af fords l im i t l ess  appl ications f o r  
sandwich construction and insures increased future usage. Many f l i g h t  service 
programs i n  m i l i t a r y  and comnerical a i r c r a f t  were begun i n  the ear ly 1960's t o  
qual i fy  the use o f  composites i n  the aerospace industry. O n e  o f  the f i r s t  
conponents t o  achieve f l i g h t  status was the horizontal s tab i l i ze r  of  the F-111 
a i r c ra f t  (refs. 8 and 9). The f i r s t  production advanced composite sandwich 
structure was the F-14 horizontal s tab i l  zer (ref. 10) which consisted o f  
boron/epow facings adhesively bonded t o  a f u l l  -depth honeycomb core. 
comnerical and m i l i t a r y  uses o f  sandwich structures are c i t ed  i n  references 11 
and 12. 
approximately 25 percent over meta l l ic  designs. Hence, the use of advanced 
composites i n  structural  sandwich designs w i l l  continue t o  increase as the 
need f o r  l i g h t e r  and higher strength structures increases. 
Other 
I n  each instance conposite designs resulted i n  mass savings o f  
With the advent of  advanced composite materials (ones which u t i l i z e  high 
strength graphite o r  boron f ibers )  , polyimide resins and adhesives, and 
t h i  n-gage prepreg development ; 1 i ghtwei ght composite sandwich panel s can be 
developed f o r  use on space transportat ion system such as Space Shutt le 
(refs. 13 t o  15) a t  tenperatures up t o  589K (6000F). 
i n  shut t le  mass can be real ized by the d i rect  replacement of the aluminum 
Considerable reductions 
2 
sub-structure wi th graphite/polyimide (Gr/PI) panels; an even greater savings 
i n  insu lat ion mass (Reusable Surface Insulat ion (RSI) i n  the case o f  shut t le)  
i s  possible because of the higher use temperature of  graphite/polyimide 
material over the aluminum it i s  replacing. An addit ional advantage i n  using 
graphite f ibers  i n  the facings i s  that  the low coef f ic ient  o f  thermal 
expansion o f  such panels more closely matches that  o f  RSI and hence could 
possibly eliniinate the -?ed fo r  a s t ra ln  i so la t i on  system (such as the s t ra in  
i so la to r  pad i n  the case of shu t t le  (ref. 16))  between the insu lat ion and the 
sub-structure. Thus for reusable space transportat ion systems the use of  
advanced composites i s  desireable t o  save structural  mass. Because o f  
predict ions o f  potent ia l  mass savings as high as 25 percent (ref.  17) ,  a 
program was i n i t i a t e d  a t  NASA Langley Research Center e n t i t l e d  Composites f o r  
Advanced Space Transportation Systems (CASTS), the purpose of which i s  t o  
design a composite bo@ f l a p  f o r  the Shutt le Orbiter. 
1.2 Objectives and Scope 
The purpose of  the present study i s  t o  experimental , invest igate the 
buckling behavior o f  G r / P I  sandwich panels which were designed as the skin of  
the shut t le  bodyflap. The sandwich &signs nust be capable of withstanding 
temperatures ranging from 116 t o  589K (-250 t o  600OF). Because o f  the l im i ted  
data o f  bonded G r / P I  honeycomb structures a t  these temperature extremes, 
honeycomb sandwich specimens were fabricated rnd tested t o  determine adhesive 
and facing material properties. G r / P I  sandwich panels were then designed, 
fabricated, and tested a t  room temperature i n  uniaxial  compression t o  study 
buckling of such panels. 
Preliminary studies of  loads on the body f lap o f  Shutt le indicated that a 
b iax ia l  state-of-stress ex is ts  (ref.  18). Based on the l o w  aagnitude and 
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b iax ia l  nature o f  stresses, minimum gage [0,$5,90]s laminates were chosen f o r  
the facings o f  the sandwich skin of the body f lap. The materials chosen f o r  
fabr icat ion of the sandwich panels o f  the present study represents the best 
choice a t  the time of select ion according t o  the fo l lowing peremeters: 
(1) strength retent ion a t  elevated temperature, (2) low density, ( 3 )  
comnercial ava i l ab i l i t y ,  and (4) ease o f  fabrication. Celion 3000/PMR-15 
G r / P I  was selected as the facing material, FM-34 as the polyimide f i l m  
adhesive, and Hexel HRH-327-3/8-4 as the glasslpolyimi de honeycomb core. 
Flatwise tens i le  specimens were tested a t  116, R.T., and 589K (-250, 
R.T., and 600OF) t o  determine a cure cycle f o r  FM-34 which would produce a 
high-strength adhesive bond and t o  invest igate the p o s s i b i l i t y  o f  using a 
l i q u i d  cell-edge version o f  that  adhesive, BR-34, which has a potent ia l  f o r  
saving considerable mass as noted i n  reference 13. Sandwich beam f lexure 
specimens were fabr icated and tested i n  four-poi n t  bending t o  determi ne 
tens i l e  and compressive materidl properties of the facings, [0,+45,90,-45]s 
lamina??.. o f  Celion/PMR-15, a t  116, R.T., and 589K (-250, R.T., and 600OF). 
Honeycomb core material properties were obtained from reference 19. 
Buckling specimens 30.5 x 33.0 cm (12 x 13 in.) were designed and 
fabricated i n  various core thicknesses t o  study local  and general i n s t a b i l i t y  
fa i lu re  wades and t o  evaluate methods fo r  predict ing c r i t i c a l  f a i l u r e  loads. 
AnaI..'..ical formulas (refs. 19 t o  25) were used t o  determine upper arid lower 
bounds on c r i t i c a l  stresses re la ted t o  local  and general buckling such as: 
i n t race l l u la r  buckling (dimpling), wrinkling, shear crimping, and overal l  
buckling. To prevent premature end fa i lures o f  the specimens, techniques such 
as o6r;ting the honeycomb near the ends and tapered end tabs (refs. 25 and 26) 
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and scalloped doublers (refs. 27 and 28) have been used by other 
investigators. 
end tabs t o  prevent loca l  core crushing and end brooming o f  the composite 
facings and have scalloped doublers t o  enhance load d i f f us ion  i n t o  the panel 
t o  prevent stress concentrations near the loaded edges and hence premature 
fa i lu re  there. A t es t  r ig ,  s im i la r  t o  tha t  of references 25 and 29, was 
designed and used t o  insure a uniform s t ra in  d i s t r i bu t i on  across the specimen 
The specimens i n  the present study use potted ends and tapered 
width. The MofG f r inge  method was used t o  evaluate the buckled mode shapes 
o f  the panels and t o  determine the onset o f  buckling. The buckling specimens 
were tested i n  uniaxial  edgewise compression a t  room temperature and were 
simply supported about a l l  four edges. 
1.3 B r ie f  Reriew o f  Pertinent L i te ra tu re  
A good h i s to r i ca l  review o f  methods o f  analysis o f  sandwich structures 
can be found i n  references 22, 24, and 25. Most analysis methods assume an 
antiplane core, one which possesses no s t i f fness  i n  the plane o f  the p la te but 
has a ,'inite shear s t i f fness  i n  planes normal t o  the facings. 
di f ference i n  the analysis o f  sandwich plates from regular f l a t  plates i s  that  
shear deformation caused by the f l e x i b l e  core material i n  sandwich panels 
cannot be neglected. Also, the existence o f  a f l ex ib le  core material allows 
additional instabi  1 i t y  modes of f a i l u r e  such as wr inkl  ing, dimpling and shear 
crimp i ng. 
The main 
Currently there.are t w o  methods o f  analysis of saridwich panels: The 
general method which includes equations of  equi l ib r ium of the separate facings 
and core and the necessary cont inu i ty  conditions and can hence determine both 
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general and possibly local  i n s t a b i l i t y  modes o f  f a i l u r e  and the select ive 
method which looks a t  wr ink l ing and bending of sandwich panels separately. 
Several authors have investigated the general method: Reissner (ref. 30) 
looked a t  isot rop ic  panels w i th  very t h i n  faces, Heath (ref. 31) extended an 
e a r l i e r  work by Hemp (ref. 32) t o  include a sandwich with an orthotropic core 
and Pearce (ref. 25) extended the research o f  Heath t o  include anisotropic 
facings and orthotropic core. Exact (analy t ica l )  solut ions based on the 
peneral method, however, are in t ractab le when appl ied t o  sandwich panels; 
Pearce was only able t o  obtain an exact solut ion f o r  wr ink l ing and overal l  
buckl ing o f  panels wi th  e f fec t i ve l y  orthotropic facings (facings which do not 
exhib i t  coupling between normal and shear s t ra ins or bending and tw is t ing  
strains). The general method has, however, been successfully applied t o  the 
analysis o f  sandwich s t ru ts  and beams as noted i n  references 33 and 34. 
Most analyt ical  work on sandwich panels re fers  t o  the selective method. 
There are three versions o f  t h i s  method with the major differences between 
each ar is ing  from the choice o f  variables used t o  express the displacement o f  
the panel. A good account o f  each stream of thought i s  given i n  reference 
22. 
and Batdorf and Stein and Mayers (refs. 35 and 36) and assumes that  the 
materials are e last ic ,  the panel thickness i s  small compared t o  i t s  radius o f  
curvature; the facings act as membranes, and the core i s  antiplane wi th  an 
i n f i n i t e  transverse normal stiffness. Solutions f o r  simply-supported panels 
wi th orthotropic facings and core are obtained using assumed displacement 
solut ions o f  reference 23. The expressions for  overal l  buckling obta'ned as 
such provide a simple solut ion f o r  e f fec t i ve ly  orthotropic facings and core. 
;he analysis used i n  the present study follows from the work o f  Libove 
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CHAPTER 11 
DETERMINATION OF MATERIAL PROPERTIES 
2.1. Objectives and Scope 
Material properties o f  some constituents (adhesive and facings) of the 
G r / P I  sandwich panels were experimentally determined by a series o f  f l  atwise 
tens i l e  tests  and sandwich beam f lexure tests. Properties, such as f la twise 
adhesive bond strength, facing modulus and Poisson's ra t io ,  p, and facing 
strength, were determined a t  various temperatures (116, R.T., and 589K !-250, 
R.T. and 600oF)) and used t o  ana ly t i ca l l y  predict  fa i lu re  modes and loads o f  
the buck1 ing specimens. Research i n  adhesive bonding was necessary t o  improve 
the in-house bonding capabi l i ty  a t  NASA Langley Research Center using FM-341 
polyimide f i l m  adhesive, G r / P I  facesheets, and gl asslpolyimide honeycomb core 
and t o  ver i fy  the capabi l i ty  of fabr icat ing such sandwich panels. 
addition, the bond study could determine i f  potent ia l  mass savings are 
possible by using the l i q u i d  version of the FM-34 f i l m  adhesive, BR-34, as a 
cell edge adhesive. FM-34 was chosen because of i t s  good strength retent ion 
a t  S89K (600oF) and i t s  cornnercial ava i lab i l i t y .  
It was decided that  f la twise tens i l e  tests  would provide a good measure 
In 
of adhesive bond strength i n  a core-to-facing bond situation. 
o f  f la twise tens i le  tests  were conducted t o  determine a sui table bonding 
procedure and cure cycle f o r  the FM-34 adhesive. 
Fence, a series 
1FM-34 f i l m  adhesive and BR-34 l i q u i d  adhesive: Manufactured by American 
Cyanamid Company, Bloomingdal e Division. 
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To obtain tens i l e  and compressive material propert ies of the facing 
material ([0,+45,90,-45], laminates o f  Cel i on  6000/PMR-15 G r / P I  composite) a t  
various temperatures, 24 sandwich beam f lexure specimens were fabricated and 
tested i n  four-point bending. 
four i n  compression, a t  each o f  three temperatures 116, R.T., and 589K 
(-25OoF, R.T., and 60O0F). 
analyzed and stress-and tangent modul us-vs. -s t ra in  data are presented. 
2.2 Flatwise Tensile Tests 
Eight beams were tested, fuur i n  tension and 
Results o f  rep l icate tests  were s t a t i s t i c a l l y  
Over t h i r t y  7.62 x 7.62cm (3 x 3 in.) specimens, shown i n  f igure 1, were 
fabricated using precured [0,+45,90]s - laminates o f  HTS-I/PMR-15 G r / P I  facings, 
glass/polyimide honeycomb core (lHRH-327-3/16-6 o r  8) and the desired 
adhesive. Deta i ls  of fabr icat ion procedures and cure cycles are given i n  
Appendix A. 
each block has a tapped hole f o r  nttaching a loading rbd. Universal j o i n t s  
Steel load blocks were bonded * 3  the facings of the specimens and 
were attached between the tes t ing  machine and the loading rods t o  assure 
proper alignment o f  the f i x t u r e  i n  the loading machine. The specimens were 
tested i n  a universal tes t ing  machine operating i n  a displacement control mode 
a t  a constant ra te  o f  0.13 cm/min (0.05 in./min.). Test temperatures other 
than room temperature were obtained using an environmental chamber positioned 
w i th in  the crossheads and posts of the tes t ing  machine. Specimens were held 
a t  desired test  temperatures f o r  15 minutes p r i o r  t o  tes t ing  t o  insure thermal 
equilibrium. Preliminary tes ts  indicated that  s ign i f i can t  improvements o f  
in-house (NASA Langley) bond strengths could be obtained by abrasively 
cleaning the edges of the honeycomb and by dipping the core i n  primer instead 
o f  brush or r o l  l e r  coating i t  on the core (see Appendix A). 
lHRH-327-3/18 - 6 o r  8 glasr/polyimide honeycomb core: 
Hexel Corporation. 
Manufactured by 
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A series o f  f latwise tens i le  tests o f  specimens, bonded with FM-34 using 
various cure cycles, aided i n  the selection of a sui table cure cycle. Two 
specimens were tested a t  room temperature f o r  each cure cycle var ia t ion l i s t e d  
i n  Table 1. 
adhesive bondline rupture. Results o f  those tests, l i s t e d  i n  Table 2, 
indicate tha t  cure cycles numbered 1 and 5 produced the strongest bonds, 
having strengths equivalent t o  or greater than the in ter1 aminar shear strength 
o f  the facings. Facing delamination also occurred with cure cycle number 4 
but because the bond cure temperature o f  616K ( 6 5 O O F )  was greater than the 
facing cure temperature o f  603K (625OF) the interlaminar shear strength of the 
facing was degraded and f a i l u r e  loads were lower. Bonding one face of  the 
specimen a t  a time with the face t o  be bonded below the core (cure cycle 
number 3)  provided good nodal f i l l e t i n g  but d id  not enhance the strength o f  
the bond. 
second o f  the two bonds. 
specimens were fabricated a t  each o f  three cure cycles numbered 1, 5, and cure 
cycle 1 with a higher cure temperature (603K (625°F)). 
higher cure temperature would improve the elevated temperature bond strength. 
Test resul ts of a l l  the f latwise tens i le  specimens, even those which f a i l e d  
prematurely, are presented t o  i l l u s t r a t e  the success rate o f  each fabr icat ion 
met hod . 
Specimen fa i lu res  occurred by e i ther  facing delamination or by 
Instead, bond strengths were lower and fa i lu res  occurred i n  the 
S i x  specimens were tested at 589K ( 6 0 0 O F ) ;  two 
It was hoped the 
Cure cycle number 1 wi th  the elevated cure temperature was chosen because o f  
the higher bond strengths at  elevated temperature and because maintaining J 
vacuum during cure would help el iminate vo la t i les  produced during the cure o f  
the FM-33 adhesive. Although trapped vo lat i les  d id  not degrade the strengths 
o f  the 7.62 x 7.62 cm (3x3 i n . )  specimens, i t  would be more d i f f i c u l t  t o  vent 
the vo lat i les  i n  large panels. Figures 2 and 3 show the two modes o f  fa i lu re  
of the f la twlse tens i le  tests. 
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usual l y  resul tcd i n s l  i ght ly 
d i d  not occur, strengths were 
Flatwise tens i le  strengths us 
i n  reference 13. The mass o f  
Sixteen f la twise tension specimens were fabricated using cure cycle 
Test resul ts  of these number 1 wi th  a cure temperature of 603K (625OF). 
specimens are presented i n  Table 3a. 
room temperature and 116K (-250OF) increased from 1.6 MPa (230 ps i )  t o  
an average value o f  3.2 MPa (470 psi).  Fai lures a t  t h i s  stress level  were 
usually by facing delamination as shown i n  f igure  3. 
strengths a t  589K (60OOF) were higher than 1.4 MPa (200 p s i )  w i th  fa i lu res  
occurring i n  the bondline, s im i la r  t o  the room temperature tes t  shown i n  
f igure 2. 
In-house f la twise t e n s i l e  strengths a t  
Flatwise tens i l e  
Flatwise tens i le  tes t  resul ts  a t  room temperature of  specimens bonded 
using BR-34 as a cell-edge adhesive are presented i n  Table 3b. Most of these 
specimens f a i l e d  by facing delmination. However, for  these specimens the 
facings delaminated l oca l l y  about each c e l l  edge as shown i n  f igure 4 and 
ower strengths. When 1 oca1 facing del ami nation 
s imi lar  t o  resul ts  o f  the FM-34 f i l m  adhesive. 
ng BR-34 were much higher than resul ts presented 
the BR-34 adhesi ve was 0.244 kg/m2 (0.05 
s a 59 percent reduction i n  mass compared t o  FM-34 f i l m  
a mass o f  0.586 kg/m2 (0.12 lbm/ft2). Thus, the use o f  Br-34 
a mass savings equivalent t o  10 percent of the t o t a l  sandwicn 
panel mass f o r  a panel consist ing o f  8 p l y  G r / P I  facings and a 1.27 cm (0.50 
in.) th ick core having a density n f  64 k9/m3 (4 lbm/ft3). 
Results of the bond study indicate that  a l i q u i d  cell-edge adhesive can 
resul t  i n  considerable mass savings without necessari l y  sacr i f ic ing bond 
strength and that fur ther  research i n  t h i s  area i s  warranted. However, since 
f l  a t w i  se tensi 1 e strengths wi th BR-34 were not consi stent , FM-34 f i l m  adhesi ve 
was used t o  fabr icate the sandwich beam and buckling specimens. 
lbm/f t3)  which 
adhesive having 
would resu l t  i n  
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2.3 Sandwich Beam Flexure I'ests 
Sandwich beam f lexure specimens consisted o f  & / P I  facings and 
glass/polyimide honeycomb core as shown i n  f igure 5. The honeycomb core was 
HRH 327-3/16-8 glass/polyimide and was cut  i n t o  s t r i p s  2.54 cm (1.00 in.) wide 
by 55.88cm (22.00 in.: long by 3.175 cm (1.25 in.) h igh using a diamond tipped 
saw. The t e s t  facing was a [0,+45,90,-45]s laminate o f  Celion 6000/PMK-15 
which was cured (see appendix A )  and cut i n t o  2.54 cm (1.00 in.) by 55.88 cm 
(22 in.) s t r i p s  from f l a t  sheets 50.8 cm (20.0 in.; by 58.4 an (23.0 in.). 
The opposite facing o f  the beams were also G r / P I  instead of stainless steel o r  
t i tanium t o  prevent bowing o f  the beams a f t e r  bonding due t o  coef f ic ient  o f  
thermal expansion mismatch o f  opposite facings. Additional 0- degree layers 
were included i n  the non-test facings ( [02,+45,90,-45]s, ce l ion 6000/PMR-15) 
t o  insure f a i l u r e  would occur i n  the tes t  facing. The honeycomb core was 
f i l l e d  wi th  BR-34 l i q u i d  adhesive and glass beads throughout the ent i re  length 
o f  the beams except f o r  the 7.62 cm (3.00 in.) t e s t  section i n  the center o f  
the beams. 
bond area (core-to-facing) and thus he1 p prevent premature adhesi ve shear 
f a i l u r e  during the elevated temperature tests. 
ground f l a t  and para l le l  and the facings were bonded t o  the core using FM-34 
f i l m  adhesive. Detai ls o f  the fabr icat ion o f  the sandwich beam specimens i s  
presented i n  Appendix A; a completed beam specimen i s  shown i n  f igure 6 . 
Each specimen was instrumented wi th  a high temperature Micro-Measurements 
s t ra in  rosette (WK-03-06-WR-350) oriented at  01, 450, and 90-degrees with the 
load axis and bonded i n  the center o f  the tes t  facing using a polyimide 
adhesive (e i ther  M-Bond 610 o r  PLD-700 avai lable from Micro-Measurements and 
BLH electronics, respectively); a single gage (WK-03-12SAD-350) oriented a t  0 
degrees with the load axis was bonded t o  the center o f  the opposite facing. 
The purpose o f  the BR-34 adhesive was t o  increase the adhesive 
The core surfaces were then 
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The sandwich beams were placed i n  a four-point bending tes t  apparatus 
( f ig.  7 )  which supported the beam on r o l l e r s  wi th f l a t  sections 2.54cm 
(1.00in.) wide machined i n  them a t  two points 48.26 cm (19.00 in.) apart. 
Load was applied by a 222.4 kN (50,000 l b f )  capacity hydraulic test ing machine 
which acted at  two points on the top flange o f  the beam spaced 10.16cm (4.00 
in.) apart and symnetric about the beam's center. A schematic diagram of a 
beam specimen loaded i n  four-point bending i s  shown i n  f igurs  8. 
applied a t  a ra te o f  89 N/sec (20 lbf/sec). 
than room temperature the specimen was instrumenzed w i t '  
attached t o  the t e s t  facing and the tes t  f i x t u r e  and sb. 
enclosed i n  an environmental chamber and e i ther  heated o r  cooled t o  the 
desired tes t  temperature. 
temperature f o r  20 minutes t o  insure thermal equilibrium. 
Load was 
For test ing a t  tesperatures other 
thwmocouple 
. 'ri were complo:tely 
Specimens were allowed t o  soak at  the t e s t  
A data handling system consisting o f  a 40-channel scanner, d i g i t a l  
voltmeter, p lo t ter ,  pr inter,  clock, and calculator was used t o  record and 
reduce data. The load signals f r o m  the load c e l l  were connected t o  one 
channel of the scanner. 
Wheatstone bridge balance ( f o r  aon room temperature tests strains were set t o  
zero a f t e r  thermal equi l ibr ium) and during the tes t  were input t o  selected 
scanner channels. Strains were corrected f o r  transverse sens i t i v i t y  o f  the 
gages and nonl inear i  t y  o f  the bridge c i  r cu i  t . Thermocouples were connected t o  
the scanner through a 273K (32'F) cold-junction reference. 
Strain signals were i n i t i a l l y  balanced by a 
Beams were tested t o  fai lure, data were recorded every three seconds and 
a stress-strain curve was plot ted i n  real time. Quanti t ies were stored i n  
vo l ts  and engineering untts on magnetic tape and printed during each test. 
After each series of rep l icate tests were completed, a data reduction program 
used the longitudinal stresses and strains o f  individual tests as input t o  a 
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regression analysis t o  determine the coeff ic ients of  a best fit for a l l  tests, 
i n  the series i n  the least  squares seiise, o f  a third-order polynomial r e l a t i n s  
stress and s t ra in  according t o  the polynomial equation: 
The t h i r d  order curve i n  most cases produced a good f i t  o f  data. Two methods 
were used t o  calculate the tangent modulus: 
Method 1: The polynomial was dif ferentiated. 
Method 2: A del ta-strain (&) region was chosen over which average 
resul ts o f  the tests were f i t t e d  by means o f  least-squares using a straight 
l i n e  fit. The tangent modulus i n  each A €  region was the slope of each 
par t icu lar  s t ra ight  l ine. Higher order polynomial curwe f i t  equstions were 
investigated but i n  general produced osc i l la tory  tangent nodulus-vs-strain 
curves upon di f ferent iat ion.  
The coeff ic ients o f  the regression equation are found by solut ion of  the 
fo l lowing matrix equations: 
P 
3 4 
4 
€i c E i  
2 
2 3 
i c €1 €i 
i €i €i i i 
i i 
c Ei 
where the symbol e im+lies summation f r o m  1 t o  j where 
i 
i s  the t o t a l  number 
o f  points recorded during a series o f  rep l icate tests f o r  a given t e s t  
configuration. 
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To assess the magnitude o f  scatter of experimental points about the 
regression equation, the standard er ro r  o f  estimate, S 
o f  the mean deviat ion o f  the sanple points from the regression l i n e  i s  
determined as fol lons:  
, which i s  a measure 
a/€ 
T i s  method o f  s t a t i s t i c a l  analysis i s  s im i la r  t o  that  presented i n  reference 
37 f o r  the analysis c f  alrpressive coupon data. 
Results o f  the sandwich beam f lexure tests  are presented i n  Tables 4 and 
5 and i n  f igures 9 t o  14. As shown i n  Table 4, the scatter of t es t  data, as 
determined by the standard error  o f  estimate, was lowest for the room 
teaperature and 116K (-250°F) tens i l e  tests. M a x i m  scatter occurred for the 
elevated and room teinperature colapression tests  i n  which the standard error o f  
estimates, S 
conpared t o  respective average ul t imate strengths of 567.7 MPa (82.34 k s i )  and 
334 MPa (48.44 ksi).  Average ult tmate strengths o f  the laminate were s l i g h t l y  
higher i n  compression than tension f o r  each test  temperature. Ultimate 
strengths of the Cel i on  6000/PMR-15 [0,+45s90,-451s laminates were higher than 
resul ts f o r  HTS/PMR-15 as reported i n  r e c m m e s  37 and 38 except for t ens i l e  
strength a t  589K (6OOOF (ref. 38)). Average room temperature tens i l e  and 
conpressive ult imate strengths for the HTS/PMR-15 laminates were 450.6 and 
532.4 MPa (65.36 ana 77.23 k s i )  respectively as cornpared t o  565.2 and 567.7 
Wa (81.98 and 82.34 k s i )  f o r  Celion 6000/PMR-15. Average tens i le  ul t imate 
were 10.67 MPa (1547 ps i )  and 11.10 Wa (1610 ps i )  as 
O/E 
strengths a t  116K ( - 2 5 O O F )  increased by 8.5 percent over room 
temperature values and strengths a t  589K (600OF) decreased by 43 percent. 
Average compressive ult imate strengths at  116K (-250OF) and 589K (600OF) 
increased and decreased respectively by 13.8 and 41.2 percent over room 
temperature values. 
Modulus values o f  the Celion/FtW-LS laminates were higher for  a l l  t e s t  
temperatures than values reported i n  references 37 and 38 for HTS/PMR-lS 
laminates. This i s  probably due t o  the higher f i b e r  volume f ract ion o f  the 
Celion/PI laminates, 72 percent, compared to 43-55 percent for the HTS/M-15 
laminates o f  references 37 and 38. Modulus values a t  0.2 percent s t r a i n  and 
116K ( - S O O F )  were about ten percent higher than values a t  room temperature; 
modulus values a t  589K (600OF) were about the same as room temperature 
values. Stress-and tangent-modulus as a function of s t ra in  for various 
temperatures are presented i n  figures 3 t o  14. Table 4 l i s t s  thexoe f f i c i en ts  
o f  the regression equation used i n  the reduction o f  the experimental data. 
The data i n  the figures represent experimental points of a l l  rep l i ca te  tests; 
the so l id  l i n e  i n  the figures i s  the best fit third-order polynomial obtained 
from the regressim analysis. The s o l i d  tangent-modulus curves were p lo t ted  
using method 1 and the x- ~~mbols were obtained by method 2. Tensile modulus 
values were f a i r l y  l inear  throughout the usable s t ra in  region (E. < -35 
percent) as shown by figures 9, 11, and 13. Compressive modulus values ended 
t o  be nonlinear a t  room temperature and became l i nea r  a t  589K (600OF) as shown 
by figures 10 and 14. The two methods used t o  predict tangent modulus as a 
function o f  s t ra in  agreed well. 
Representative tens i le  and rompressive fa i lures are shown i n  figures 15 
and 16 respectively. Most tens i le  fa i lures occured i n  the center o f  the beam 
while most compressive fa i lures occured near the edge of the potted section of  
the honeycomb next t o  the load tabs. 
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CHAPTER 111 
BUCKLING OF SANMJICH PANELS 
3.1 Objectives _and Scope 
F1 at, rectangular, honeycomb sandwich panels were simply-supported about 
all four edges and tested in uniaxial edgewise compression to experimentally 
stady local and general instability modes of failure. Facings of  all sandwich 
panels were similar and core thicknesses, tc, were varied to determine the 
failure envelope of such panels resulting from local and general failure 
modes. Specimen length, width, and core thicknesses were chosen to allow the 
investigation of wrinkling and overall buck1 ing modes of instability. 
Specimens were 30.5 x 33.0 cm (12 x 13 in.) with core thicknesses of 0.635, 
1.27, 1.91, and 2.54 cm (0.25, 0.50, 0.75, and 1.00 in.). A test fixture was 
designed which simply-supported the panel along all four edges and allowed 
alignment of the panel during loading to insure uniform strain across the 
width of the panel during testing. 
was chosen for experimental testing because it more closely represents 
conditions actual shuttle bodyflap panels will experience. At least three 
panels of each core thickness were tested at room temperature and results were 
compared with analytical predictions of failure mode and load. 
instrumented with strain gages on each facing to monitor strain uniformity 
across the width of the panel and to determine the onset o f  overall buckling 
and, if possible, facing wrinkling. The 'loiolr6 fringe method was also used to 
help predict the onset of buckling and wrinkling and to determine the buckled 
mode shape of the panels. Knowledge o f  the mode shape cmld help assess how 
we11 the test fixture simulated the desired simply-supported boundary 
conditions. Qual ity-control standards for fabrication of the panels were very 
The simply-supported boundary condition 
Panels were 
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high t o  minimize scatter i n  experimental data. A complete descript ion of 
procedures used t o  fabricate the buckl ing specimens, ipcluding qua l i t y  con",l 
and inspection procedures, i s  presented i n  Appendix A. 
3.2 Specimen Design 
A computer program was wr i t ten  t o  determine the elements of  the .'A], [Si, 
and [O] matrices f o r  the quasi-isotropic, symnetric &/PI  facings and 
sandwich based on laminate theory presented i n  Appendix 8. The program used 
overal l  buckl ing equations of Appendix C, minimizing with respect t o  m and n, 
t o  predict  overal l  panel buckling load (assuming both i n f i n i t e  and f i n i t ?  core 
shear st i f fness); the loca l  i n s t a b i l i t y  equations o f  Appendix D were used t o  
predic t  local  i n s t a b i l i t y  modes and associated loads. Results were computed 
for  various p l y  thicknesses, core thicknesses, and operating temperatures. 
Laminate material properties and property var ia t ion with respect t o  
temperature, used i n  the design o f  the buckling specimens, were obtained from 
references 39 and 400 Honeycomb core material properties were obtained from 
reference 19. Various cores and core thicknesseq (0.635 t o  2.54 an (0.25 t o  
1.00 in.!) and panel lengths and widths (10.2 t o  122 cm (4.0 t o  48.0 in.)) 
were ana ly t i ca l l y  investigated a t  various temperatures (room temperature t o  
589K (600OF)) and design envelopes, t y p i f i e d  by f igure 17, were determined. 
Preliminary studfes of s t ructura l  loads on the shut t le  bodyflap (ref. 18) 
indicate that  a b idx ia l  state-of-stress i s  present. Based on the low 
magnitude and b iax ia l  nature o f  stresses, minimum gage, symnetric laminates of 
[0,+45, - 90Js & / P I  were chosen for  the facings of  the sandwich skin o f  the 
bo4yflap. 
the average e las t i c  modulus, Ex o r  cy as calculated i n  Appendix B, was used 
f o r  the facing modulus, Ef, i n  equations i n  Appendix 0. Results o f  c r i t i c a l  
stress as a function of core thickness and an assumed p ly  thickness o f  0.0076 
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Since the laminate or ientat ion o f  the facings i s  quasi-isotropic, 
cm (0.003 in.) are shown fn fiyure 17. Only balanced-symnetric laminates were 
considered i n  the present invest igat ion t o  prevent laminate warpage during the 
cure cycle caused by bending-stretching coupling terms (nonzero ‘93 n v t r i x  of 
the material). Non-symnetric laminates such as [0,25, 901 could be 
fabricated and forced f l a t  and bonded symmetrically with respect t o  the 
center l ine of the core. This would reduce the mass of the panel and could 
possibly be suf f ic ient  t o  wcomodate the low loads predicted f o r  the 
bociyflap. Analysis techniques would have t a  be generalized L include 
anisotropic facings as was done i n  reference 25. Because o f  fabr icat ion 
uncertainties, however, non-symnetric laminates were qot considered f o r  
experimental study. Thin-gage Celion 3000 mater ia l  would present a 
substantial mass savings aver the Celion 6000 material and, hence, was used t o  
fabr icate the buckl ing  specimens. Average thickness-per-ply o f  the Cel ion 
3000 laminates was 0.007 cm (0.0028 in.) as compared t o  0.0166 m (0.0065 in.) 
f o r  Celfon 6000. The lowest density comnercially avai lable core which could 
function s t ruc tu ra l l y  a t  589K (600OF) i s  e i ther  Hexel HRH-327-3/16-4 o r  HRH 
-327-3/8-11 Glass/PI which has a mass of 64 kg/m3 (4 lbm/ft3) and e i ther  a 0.48 
cm (3/16 in.) o r  a 0.95 cm (3/8 in.) c e l l  size respectively. 
dimpl!ng stresses of the honeycomb core wi th the larger c e l l  size were lower 
and, hence, design envelope curves indicate that  overal l  buckl ing, dimpling, 
laminate strength, or w i n k i n g  could be c r i t i c a l  f a i l u r e  modes depending on 
scatter i n  material propert ies and dif ferent analysis techniques. Since it i s  
desirable t o  ver i fy as many analyt ical  predict ions fo r  various f a i l u r e  modes 
as possible, the honeycomb core wi th the 0.95 cm (3/8 in.) c e l l  size was 
chosen. A panel size of 30.5 x 30.5 cm (12 x 12 in.) was adequate t o  
investigate several f a i l u r e  modes. 
C r i t i c a l  
End fa i lures i n  composite compression specimens are comnon because o f  the 
very s t i f f  and highly d i rect ional  nature of composite m a t e r i a l  which can lead 
18 
t o  large loca l  stress concentratians. 
brooming can occur because o f  uneven f i b e r  lengths a t  the loaded end which 
causes a local  fanning-out of the edges. The honeycomb core near the loaded 
ends o f  the specimens was potted with BR-34 l i q u i d  polyimide adhesive and 
tapered end tabs of [+CrS], glass/PI were bonded a t  each end t o  prevent local 
end fa i lu res  such as core crushing or  end brooming; scalloped doublers were 
bonded beneath the end tabs t o  enhsnce load d i f fus ion i n t o  the panel and help 
reduce stress concentrations. A stainless-steel sheet was embedded i n  the 
BR-34 pot t ing  a t  each end t o  a l i gn  the specimens i n  the kn i fe  edges. 
Laminates were bonded t o  the core and end tabs and doublers were secondary 
bonded using FM-34 f i l m  adhesive. Figure 18 shows a completed buckling 
specimen; de ta i l s  o f  specimen manufacture are given i n  Appendix A; de ta i l s  o f  
s ign i f i can t  panel parameters are l i s t e d  i n  Table 6. 
3.3 Test Apparatus and Procedures 
In addition, u phenomenon known as end 
3.3.1 Apparatus 
It was decided that  simply-supported edges would Se a more r e a l i s t i c  
boundary condit ion fo r  the tes t  panels since it represents conditions actual 
panels on the shut t le  bodyflap w i l l  probably experience. Simulating 
simply-supported edge conditions i n  the laboratory, however, i s  a d i f f i c u l t  
task as noted i n  references 25 and 29. A tes t  f ixture, s i m i l a r  t o  that o f  
reference 25, was fabricated t o  simply-support a l l  four edges of the sandwich 
panel and a l l o w  alignment o f  a loaded panel t o  insure uniform s t ra in  across 
the panel during testing. The stainless-steel s t r ips,  which were embedded i n  
each of the potted ends o f  the panel, f it in to  stainles steel supports which 
f i t  i n  V-groove blocks as shown i n  f igure 19a; side supports are i l l u s t r a t e d  
i n  f igure 19b. The V-groove blocks fit i n t o  adjustable end load ng heads 
which were attached t o  the hydraulic load machine. The end load ng heads 
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contained a f l a t  stainless-steel bar which was used t o  a l ign  the specimen 
l a t e r a l l y  w i th  the a id  of  a l ign ing screws as shown i n  f igure  20. 
the panel were simply supported by kn i fe  edges which were supported by 
Z-section steel beams as shown i n  figures 19b and 20. The side supports 
maintained a re la t i ve l y  snug fit against the panel because of the high degree 
o f  flatness of the panels as discussed i n  Appendix A. However, because o f  the 
raised scalloped doublers the side supports could not extend the complete 
length of the panel. The 2-section beams were braced so tha t  motion of the 
side supports was restrained. The knife-edges o f  the side supports were 
bolted snuggly i n  place a t  two locations on two sides as shown i n  the 
schematic o f  f igure 19b and as p a r t i a l l y  shown i n  f i g u w  20. The side 
supports were positioned 1.27 cm (0.5 in.) from each side edge making the 
simply supported panel dimensions 30.5 x 30.5 cm (12 x 12 in.). 
The sides o f  
A 22ZKN (50 Kip) MTS hydraulic load machine was used t o  compress the 
panels. A mercury vapor l i g h t  source was used i n  conjunction wi th a 
photographic l i n e  g r i d  having a pitch, p, o f  17.7 lines/cm (50 l ines/in.) t o  
determine out-of-plane panel displacements, w, and mode shapes using the 
Grid-Shadow Mrrit-6 technique as discussed i n  references 41 and 42 and i n  
section 3.3.3. A Nikon F2AS camera was used t o  photograph the panels during 
loading. The camera cas positioned perpendicular t o  the sandwich panel and 
the l i g h t  source formed on angle o f  30 degrees with that  perpendicular. 
3.3.2 Instrumentation and tes t  procedure 
The panel was instrumented with 12 single, fo i l - t ype  s t ra in  gages and two 
45-degree s t ra in  rosette;, m i  cro-measurements WK-03-125AO-350 and 
WK-03-060-WR-350 respect i vely , as shown schemat i c a l  l y  i n  f i gure 21 
posi t ioning of the gages allowed measurement o f  longitudinal s t ra in  
d is t r ibut ions across the panel width, on each facing, and along the length o f  
The 
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the panel. Back-to-back longi tudinal  s t ra in  gages were positioned a t  f i v e  
points on the panel (four corner points and one cent ra l l y  located one). The 
purpose o f  the back-to-back gages was t o  detect bending o f  the pan'el and t o  
determine the buckling load and possibly the wr inkl ing load. The data 
acquis i t ion system used t o  reduce and store data i s  ident ica l  t o  that  
mentioned i n  section 2.3. 
The hydraulic tes t ing  machine was operated i n  a displacement control mode 
a t  a ra te  o f  approximately 0.020 cm/sec (0.008 in./sec.) and s t ra in  gages were 
scanned approximately every three seconds. Raw data was converted t o  
engineering units, pr in ted i n  rea l  time and storeci on disk. Gages were 
balanced p r io r  t o  tes t ing  using Wheatstone bridge c i r c u i t s  as i n  section 2.30 
Panels were loaded up t o  approximately 50 percent o f  f a i l u r e  load, s t ra ins 
across the panel width were monitored and necessary adjustments i n  alignment 
were made usifig tha adjustable screws sham i n  f igure 20. The pane: was then 
unloaded and the Moir6 g r i d  positioned i n  f ront  o f  the specimen. 
were then zeroed and load was applied t o  the specimen. 
S t r a  
3.3.3 The Shadow - Woir6 method 
The shadow Moire method i s  a technique f o r  measuring the out-of-p 
deformations, w, o f  a specimen. A reference l i n e  g r id  i s  positioned i n  f ron t  
o f  a specimen and e i ther  a coll imated or point l i g h t  source i s  shown through 
the reference grating, producing a shadow g r id  on the specimen. The shadow or 
specimen g r id  w i l l  be d is tor ted by the out-of-plane depth o f  the surface, and 
when it i s  viewed together wi th the reference g r id  by eye or  camera, Moir6 
f r inges are  created which represent the topology o f  the surface. 
I n  the present study a reference g r id  having a pitch, p,  o f  19.7 lines/cm 
(50 l ines/in.) was positioned about 0.31b cm (0.125 in.) f rom the f ron t  face 
o f  the panel and para l le l  t o  i t  with l ines  running i n  the lengthwise 
direction. The f ron t  face of each panel was painted white t o  enable the 
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shadow g r i d  t o  be visible. A mercury vapor l i g h t  source was positioned a t  an 
angle o f  30 degrees t o  the normal o f  the reference grid. This angle o f  
incidence o f  the l i g h t  source was governed by the side simple supports which 
caused large shadows over the specimen a t  higher angles o f  incidence. The 
approximate sens i t i v i t y  o f  the technique can be calculated using the fol lowing 
equation 
w = p/tan a 
where p i s  the p i t ch  o f  the reference grid, a i s  the angle o f  incidence of the  
l i g h t  source, and the minimum f r inge order i s  assumed t o  be 1. This equation 
assumes the camera t o  be positioned perpendicular t o  the plane of  the 
specimen. With the arrangement of the present apparatus the sens i t i v i t y  i s  
approximately 0.088 cm (0.035 in.). A more detai led descript ion o f  the Moir6 
technique can be found i n  references 41 an3 42. 
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CHAPTER I V  
RESULTS OF BUCKLING TESTS 
Two modes o f  panel f a i l u r e  were discernable from experimental resul ts :  
wr ink l ing and overal l  buckling. 
approximately 0.635 cm (0.25 in.) f a i l e d  by overal l  buckling and a l l  other 
specimens, having nominal core thicknesses o f  1.27, 1.91, 2nd 2.54 cm (0.5, 
0.75, and 1-00 in.), f a i l e d  by wrinkling. 
e i ther  laminate strength, C i m p l  ing, o r  shear crimping. The shadow-Moir6 
method was useful i n  determining mode shapes of the overal l  buckling specimens 
but was not able t o  determine wrinkl  i ng  mode shapes because o f  the high 
stiffness and b r i t t l e  nature o f  the G r / P I  facings and hence, the r e l a t i v e l y  
small out-of-plane displacements. A reference g r i d  wi th  a smaller pitch, p, 
could increase the sens i t i v i t y  of che #oi& method and thus possibly enable 
smaller deflections t o  be discernable but t h i s  was not attempted i n  the 
present investigation. 
4.1 Wrinkl inq Specimens 
Specimens with a core thickness, tc, of 
None o f  the panels tested f a i l e d  by 
Significant panel parameters, re lated t o  the fabr icat ion and qual i ty  o f  
the wr inkl ing and overal l  buck1 ing  specimens, are presented i n  Table 6. 
Facing and t o t a l  sandwich panel thickness measurements were made a t  various 
panel locations and i n i t i a l  panel waviness, 6 ,  was measured as explained i n  
Appendix A. Because o f  good fabr icat ion and qual i ty  control procedures the 
panels were consistent i n  dimensional and material properties. Average 
thickness-per-ply o f  a l l  wr inkl ing specfmens was 0.0071 cm (0.0028 in. ) w i th  
maximum var iat ions i n  t o t a l  laminate (8 p l i e s )  thicknesses averaging only 
0.00451 cm (0.00178 in.); average var ia t ion i n  t o t a l  sandwich panel 
thicknesses was only 0.0059 cm (0.0023 in.). Maximum panel waviness, &max, 
averaged only 0.0097 cm (0.3038 in.). 
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Results o f  longi tudinal  s t r a i n  uni formity across specimen width are 
presented i n  f igures 22a and b f o r  two values o f  appl ied load. 
t es t  f i x t u r e  was useful i n  e l iminat ing large s t ra in  var iat ions caused by 
l a te ra l  misalignment, s im i la r  t o  tes t  f ix tures used i n  references 25 and 29. 
Strains were f a i r l y  uniform across the width o f  the panel as shown i n  f igure  
22. However, s l i g h t l y  higher s t ra ins and s t r a i n  var iat ions do occu- a t  the 
edges o f  the panels as was also noted i n  reference 25. Trends i n  s t r a i n  
d is t r ibu t ions  a t  the low load level, 44,480N (10,000 lbf),  were s imi la r  t o  
trends a t  the higher load level  o f  88,960N (20,000 lb f ) .  There were no 
consistent trends i n  s t ra in  distr ibut ions from panel t o  panel, however, most 
o f  the wr ink l ing specimens d i d  f a i l  near the end o f  the side simple supports 
where s l  i ght ly  higher s t ra ins were recorded. 
The adjustable 
Longitudinal back-to-back s t ra ins as a function o f  stress were calculated 
fo r  each pos i t ion  on the panel as shown i n  f i gu re  21. Results of several 
tests  (panel numbers 75010 and 75012) are presented i n  f igures 23a and b. 
Back-to-back s t ra in  var ia t ion  was usually lowest i n  the center o f  the panels 
(X=YaO). I r r e g u l a r i t i e s  i n  slopes were noted i n  some specimens as shown i n  
f igure  23b f o r  panel number 75012. 
low a load t o  be considered t o  be an ind icat ion o f  wr ink l ing or  some form o f  
local  i n s t a b i l i t y  as mentioned i n  reference 25. The i r r e g u l a r i t i e s  i n  the 
present s t u w  were possibly caused by some inteference or  in te rac t ion  o f  the 
tes t  f ix ture.  Material behavior was s l i g h t l y  nonlinear t o  fa i lure,  s i m i l a r  t o  
resul ts  o f  the four-point f lexure tests  as noted i n  Chapter 2. 
stress -vs.- s t r a i n  data could not predic t  the onset o f  local buckl ing 
These i r r e g u l a r i t i e s  i n  slope occur a t  too 
Back-to-back 
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(wrinkl ing); an attempt t o  use the force s t i f fness method o f  reference 43 t o  
predict  wr inkl ing was unsucccessful, a l l  panel fa i lu res  were abrupt wi th  no 
ind icat ion of local  i ns tab i l i t y .  
both sides of a facing extensively p r i o r  t o  bonding t o  the core i n  order t o  
calculate facing bending strains and predict local  buckling using the force 
s t i f fness met’ .A Modulus values a t  0.2 percent strain, maximum back-to-back 
s t r a i n  var iat ion a t  0.6 percent strain, theoret ical  wr inkl ing stress, and 
experimental u l t imate stress and s t ra in  values of each panel are presented i n  
Table 7. Maximum back-to-back s t ra in  var iat ion was f a i r l y  low considering the 
s ize and compiexity o f  the sandwich panels. Compressive modulus values a t  0.2 
percent s t r a i n  o f  the sandwich panels which used Celion 3000 material were 
s l i g h t l y  higher than resul ts  o f  beam tests which used the Celion 6000 
material; the average modulus o f  a l l  wr inkl ing specimens i s  53.9 GPa (7.82 x 
l o 6  p s i )  as compared t o  48.95 GPa (7.10 x l o 6  p s i )  obtained using the 
four-point beam f lexure t e s t  method. 
beam specimens was higher than the buckling specimens (72 percent compared t o  
approximately 61 percent) i t  appears that  the thinner gage Cel ion 3000 
material d i d  not experience any degradation i n  modulus. 
It would probably be necessary t o  instrument 
Since the f iber volume fract ion of the 
Results of rep l icate tests indicate that  scatter was low. Scatter i n  
c r i t i c a l  wr inkl ing stress ranged f r o m  a minimum o f  7.6 Mpa (1.1 k s i )  f o r  the 
1.27 cm (0.5 in.) specimens t o  a maximum o f  89 Mpa (13 k s i )  f o r  the 2.54 cm 
(1.00 in.) specimens. This amounts t o  a range f rom minimum t o  maximum o f  1.7- 
t o  29- percent respectively when compared t o  average c r i t l c a l  stress valuss. 
From Tables 6 and 7 some trends i n  resul ts are evident: 
1) average f a i l u r e  stresses o f  the wr inkl ing specimens decrease as core 
height, tc, increases. 
local  buck1 ing type o f  i ns tab i l i t y .  Average f a i l u r e  stresses were 
452, 354, and 311 MPa (65.6, 51.4, and 45.1 k s i )  f o r  the 1.27, 1.91, 
and 2.54 cm (0.5, 0.75, and 1.0 in.) th ick cores respectively. 
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This i s  character ist ic o f  a wr inkl fng o r  
2) specimens with higher t o t a l  facing th icknsses had higher f a i l u r e  
loads, however, these specimens d i d  not necessarily have higher 
f a i l u r e  stresses. This i s  because the thicker facings had a lower 
f i b e r  volume fract ion,  Vf, because not enough excess resin was 
removed during the consol idat ion phase o f  laminate fabrication. That 
3) average f a i l u r e  strains were 0.87, 0.71 and 0.63 percent f o r  the 
1.27, 1.91, and 2.54 cm (0.5, 0.75, 1.0 in.) t h i c k  core panels, 
respectively. 
4) panels with the largest value of i n i t i a l  waviness, 6max, had the 
1 owest u l  t imate 1 oad. 
5) ul t imate strains o f  the wr inkl ing specimens were well below ult imate 
laminate strains as calculated from the beam tests. 
As mentioned ear l ier ,  most o f  the wr inkl ing specimens f a i l e d  close t o  the 
Fai lure o f  a 1.27 cm (0.50 in.) panel erd o f  one o f  the side simple-supports. 
i s  i l l u s t r a t e d  i n  f igures 24a and b; the fa i lu re  extends across the panel 
t o  the top o f  the l e f t  side simple support. The fa i lures were perpendicular 
t o  the d i rect ion o f  load. Wrinkling f a i l u r e  was most noticeable i n  the 1.27 
cm (0.50 in.) specimens i n  which the facings separated from the core due t o  a 
t e n s i l t  f a i l u r e  o f  the adhesive. Fai led panel number 7508, figure 25a, 
I l l u s t r a t e s  the outward buckling o f  the facing; the panel was cut along the 
dashad l i n e  of that  f igure t o  fur ther  i l l u s t r a t e  the tens i le  f a i l u r e  of  the 
adhesive which was precipi tated by wr inkl ing ( f ig.  25b). 
view of two d i f fe ren t  panels ( t c  - 1.27 cm (0.50 in.)). 
from the side views whether the fa i lures were symnetric or ant isymetr ic ,  
however, laminate fa i lures on e i ther  facing were simi?ar which suggests that 
fa i lu res  were symnetric. 
which indicate that  for honeycomb cores, where the modulus of the core i n  the 
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Figure 26 i s  a side 
It i s  not conclusive 
This agrees wi th  resul ts o f  references 25 and 44 
di rect ion o f  the load i s  much less than the modulus o f  the core i n  the 
d i rect ion perpendicular $:o the facings, symneixic wr inkl ing w i l l  occur a t  a 
lower load than that  f o r  antisymnetric wrinkl ing. 
4.2 Overall Buckling Specimens 
Experimental resul ts o f  overal l  buckl ing specimens are presented i n  Table 
8 and f igures 27a, b, c, and d. The experimental method used t o  predict  t5e 
c r i t i c a l  overal l  buckl ing stress was t o  determine the stress associated with 
the maximum extreme f i b e r  s t r a i n  on the convex side o f  the buckled pane!. 
This method was chosen, as was done i n  reference 25, over other methods such 
as stress -vs.- bending s t r a i n  and stress -vs.- average compressive strain. 
The specimens exhibited a very short post buckling region as evidenced from 
the experhental resul ts  o f  
o f  PCr ,  ?ult, acr, and G u l t  were 95.43 kN (21,453. l b f ) ,  100.4 kn (22,574. 
l b f ) ,  251.5 FSPa (36.48 ksi) ,  and 264.8 MPa (38.4 ks!) respectively. Scattsr 
i n  Per, P u l t *  ucr, and Uu l t  was 40-, 36-, 33-, and 28- percent respectively 
when compared t o  average values. 
number 7251 the temperature contro l ler  o f  tke oven which was used t o  cure the 
and P u t t  as shown i n  Table 8. Average values 
However, during instrumentation o f  pancl 
polyimide s t ra in  gage adhesive caused a temperature overshoot t o  occur. 
panel, therefore, experienced temperatures i n  excess of  the laminate cure 
temperature which probably resulted i n  considerable material property 
degradation, hence, the low c r i t i c a l  and ul t imate loads and stresses. 
t es t  i s  neglected i n  the results, average values o f  Per, P u l t r  UCr, and Uu1t 
are 101.9 kN (22,903. l b f ) ,  106.3 k N  (23,897. i b f ) ,  264.1 MPa (38.3 k s i ) ,  and 
275.5 MPa (39.96 k s i )  respectively and corresponding scatter i s  21-, 20-, 21-, 
and 20-percent. Comparison o f  exprimental and analyt ical  resul ts i s  
presented i n  the next section. 
This 
If t h i s  
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Similar t o  resul ts o f  reference 25, a l l  o f  the overal l  buckl ing specimens 
f a i l e d  on the concave side o f  the specimen i n  a typ ica l  compressive fa i l u re  
mode. Wost o f  the specimens f a i l e d  i n  the center, a l l  the fa i lures were 
perpendicular t o  the d i rec t ion  o f  load as shown i n  f igure 28. The Moire 
mthod was useful i n  v isual iz ing the deflected mode shapes o f  the specimens 
and determining how effect ive the mechanism for simply supporting the panels 
was. Panel number 7256 was the only specimen which fa i led near 2 .imple 
support. Photographs o f  Mi& f r lnge p a t t e r n  of panel 7256 indicated tha t  it 
d i d  not deform synrnetrically i n  half sine waves i n  the length and width 
d i r e c t i m s  as expected. The out-of-plane deformation o f  panel 7256 w i th  
icnreasing load i s  i l l u s t r a t e d  i n  f igures 29a, b, c, and d. As shown, the 
peak out-af-plane deformation occurs i n  the upper r i g h t  hand port ion o f  the 
specimen. This panel eventually f a i l e d  near the lower l e f t  hand simple 
support. FIOiG fr inge patterns of  specimen 7252 are shown i n  figures 30a 
through d for iscreasing load. As shown, the maximum out-of-plane 
d::placensi does occur i n  the center o f  the panel. Displacements seem t o  be 
symmetric i n  the longi tudinal  direction, however, non-zero displacments appear 
t o  occur near the r i g h t  handside simple support. Since the panel was clamped 
snugly a t  t h i s  support it was thought that  t h i s  discrepancy could possibly be 
explained by some sort  o f  panel or  reference gr id  motion re la t i ve  t o  one 
another. Displacements do occur a t  the corners of the panel, however, since 
the simple supports do not extend the t o t a l  panel length. As the panel 
approdches fai lure,  mode shapes tend t o  be nonsymnetric ( f ig.  30d). As 
mentioned i n  reference 25, it i s  very d i f f i c u l t  t o  s imulate t rue  
simply-supported boundaries when the buckled mode shape occurs a t  m=n=l o r  the 
buckled shape i s  half  a sine wave i n  the length and width direct ion. 
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The 
higher tne number o f  waves i n  thc buckled pattern the lower the effect the 
exactness o f  the boundary conditions has on the behavior o f  the specimen. 
4.3 Comparison o f  Analyt ical and Experimental Results 
The analysis ass- the fc l lowing *oom temperature unidirect ional  
material properties: 
€11 = 133 GPa (19.3 x lo6 p s i )  
€22 = 9.10 GPa (1.32 x lo6 ps i )  
"2 * 0.37 
1121 * 0.025 
612 = 5.58 GPa (0.81 x lo6 ps i )  
= 0.345 GPa (50 x lo3 p s i )  
EcZ 
Gcxz = 0.200 Wa (29 x lo3 p s i )  
= 0.083 GPa (12 x lo3 p s i )  G 
Fc = 3.45 MPa (500 p s i )  
CYz 
- - 
From the laminate theory presented i n  Appendix 8, Ex = Ey = 51.97 GPa 
(7.538 x l o 6  p s i )  and 
resul ts  from the sandwich beam f lexure tests i n  which the average modulus, Ex 
= 48.95 GPa (7.1 x 106 p s i )  and iu = 0.347. 
quasi-isotropic, symnetric ([0,+45, - go],), A16 and A26 coupling terms were 
ident ica l l y  zero; the 016 and 026 coupling terms were negligible. Analyt ical 
results, assuming a lamina thickness o f  0.0076 cm (0.003 in.), are presented 
= 0.3075. These resul ts agree with experimental - 
Since facing laminates were 
i n  Table 7 and 8 and i n  f igure 31 and are compared with experimental results. 
The o v e r a l l  buckling analysis described i n  Appendix C, which included the core 
shear f l e x i b i l i t y ,  agreed well with experimental o v e r a l l  buckling results. 
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Average experimental overai 1 buckling stress (neglecting resul ts  of panel 
7251) was 264 MPa (38.3 k s i )  co% ?d exactly wi th  the ana ly t i ca l l y  predicced 
overal l  buckling stress. From experimental wr inkl ing resul ts i t  appears that  
equations 0.5 and 0.8 were unconservative and impractical t o  use from a design 
standpoint. 
wr inkl ing loads 
imperfections can be measured accurately equation 0.6 would give a closer 
approximation t o  maximum wr ink l ing loads. Wrinkling resul ts  using equation 
0.6 and assuming 6,zO.Ol cm (0.004 in.) were 70,260, and 32- percent higher 
than experimental resul ts  f o r  the 1.27, 1.91, and 2.54 cm (0.5, 0.75, and 1.0 
in.) th ick cores respectively. 
Equation 0.4 was conservative i n  i t s  predict ion o f  symet t i c  
and i s  useful f o r  design purposes, however, i f  panel 
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CHAPTER V 
SUMMARY AM) CONCLUSIONS 
5.1 General 
The potent ia l  economic gain from structural-mass savings i n  the design o f  
reentry spacecraft wi th thermally insulated surfaces and of high speed 
a i r c r a f t  i s  great due t o  the high operating cost and weight sens i t i v i t y  o f  
such vehicles. Considerable reductions i n  the mass o f  a reusable space 
transportation system such as space shut t le  can be real ized by the d i rec t  
replacement o f  i t s  aluminum sub-structure wi th  an advanced composite such as 
graphite/polyimide (Gr/PI); an even greater savings i n  insu lat ion mass i s  
possible because o f  the higher use temperature o f  Gr /P I .  Predictions i n  mass 
savings as high as 25-percent prompted a study, the purpose o f  which was t o  
design a composite bodyflap for the shut t le  orbiter. 
The purpose of the present study was t o  invest igate the buckling 
behavior, loca l  and general, o f  G r / P I  sartdwich panels capable of use a t  
temperatures ranging from 116 t o  589K (-250 t o  600°F) as the sandwich skin o f  
the shut t le  bodyflap. The study invest gated adhesive and facing material 
properties and evaluated buckling formu as f o r  predict ing local  and general 
sandwich panel i ns tab i l i t i es .  Flatwise tens i le  specimens were tested a t  116, 
R.T., and 589K (-250, R.T., and 600'F) t o  determine a cure cycle f o r  FM-34 
which would produce a high-strength adhesive bond and t o  invest igate the 
poss ib i l i t y  o f  using a l i q u i d  cell-edge version o f  that  adhesive, BR-34, which 
could save additional adhesive mss. Results o f  the bond study include a 
fabr icat ion technique f o r  adhesively bonding sandwich structures and an 
adhesive cure cycle which produced flatwise tens i le  strengths i n  excess o f  3.4 
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Wa (500 ps i )  a t  116K and R.T. (-250% and R.T.) and 1.4 MPa (200 ps i )  a t  589K 
(600°F). Results also indicated that  a l i q u i d  c e l l  edge adhesive can resu l t  
i n consi derabl e panel mass savings (1 0 percent ) without necessari l y  
sac r i f i c i ng  bond strength, however, fu r ther  research i s  necessary since 
f la twise tens i l e  strengths using BR-34 were not consistent. Sandwich beam 
specimens were tested i n  four-point bending t o  determine facing tens i l e  and 
compressive material properties at  116 R.T., and 589K (-250 R.T., and 6OOOF). 
The tes t  facing o f  the beam was a [0,+45,90,-45]s laminate of  Celion/PMR-15 
and the opposite face was the same material wi th addit ional 0-degree layers 
[02,+45,90,-45]s. Average ul t imate strengths were s l i g h t l y  higher i n  
compression than tension f o r  each tes t  temperature. Average room temperature 
tens i l e  ul t imate strength i s  450.6 Wa (55.36 ksi).  Average tens i l e  u l t imate 
strengths a t  116K (-250OF) increased by 8.5-percent over room temperature 
values and strengths a t  589K (600°F) decreased by 43 percent. Average 
compressive ul t imate strengths a t  116 and 589K (-250 and 600OF) increased and 
decreased respectively by 13.8- and 41.2-percent over room temperature 
values. Modulus values o f  0.2-percent s t ra in  d id  not vary much with 
temperature and remained about 52 GPa (7.5 x lo6 psi). Results o f  the 
sandwich beam f lexure tests indicate that  Celion/PI i s  a usable s t ructura l  
material f o r  short-term use a t  temperatures f rom 116 t o  589K (-250 t o  6 G O O F ) .  
Fla t  rectangular honeycomb sandwich pans1 s were simply-supported about 
a l l  four edges (30.5 x 30.5 cm (12 x 12 in.) i n  s i t e )  and tested i n  edgewise 
compression. Core thickness was varied t o  determine the fa i lu re  envelope o f  
such panels resul t ing f rom e i ther  a local  i)r general f a i l u r e  mode and t o  
evaluate buckling formulas used t o  predict  fa i lure.  Two modes o f  panel 
fa i lu re  were discernable from experimental results, wr inkl ing and o v e r a l l  
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buck1 ing. As predicted analy t ica l ly ,  specimens with a core thickness of  0.635 
cm (0.25 in.) fa i led  by overal l  buckling and a l l  other specimens, having 
nmina l  core thicknesses of  1.27, 1.91, and 2.54 cm (0.5, 0.75, and 1.00 in.), 
f a i l e d  by wrinkling. The shadow Moire'method was useful i n  determining mode 
shapes of the overal l  buckling specimens but was not able t o  detect wrinkling. 
Results o f  the wr inkl ing tests  indicated that several analyt ical  methods 
were unconservative and therefore not sui table f o r  design purposes. Most o f  
the wr inkl ing specimens f a i l e d  near side-simple supports. The f a i l u r e  mode 
appeared t o  be symnetric wr inkl ing wi th faiures occuring because o f  tens i le  
rupture o f  the adhesive. Some trends i n  wrir.kling resal ts are: 
1. average f a i l u r e  stresses o f  the wr inkl ing specimens decrease as core 
thickness increases and are 452,354, and 311 MPa (65.6, 51.4, and 
45.1 k s i )  f o r  the 1.27, 1-91, and 2.54 cm (0.5, 0.75, and 1.0 in.) 
th ick  cores respectively. 
facings with the highest f i b e r  volume f ract ion had the highest 
modu 1 us . 
3. panels wi th the largest value o f  i n i t i a l  waviness had the lowest 
ul t imate 1 oad. 
2. 
The average experimental buckling stress o f  the 1.27 cm (0.25 in.) th ick  
specimens was 265 Wa (38.4 k s i )  and compared exactly wi th analysis. 
the overal l  buckling specimens except one fa i led  i n  the center on the concave 
facing by compression. 
A l l  o f  
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5.2 Suggested Furthe'r Research 
Additional work, both experimental and analyt ical,  i s  necessary t o  
evaluate wr ink l ing and overal l  buckling of sandwich panels which are 
symmetric about the core center l ine but whose facings are anisotropic i n  
nature. This would be necessary, f o r  instance, t o  analyze unsymnetric 
four-ply facings ([0,~45,90]) which are bonded symnetrically about the 
honeycomb center1 i ne. Manufacture of such a sandwich m i  ght sat is fy  
b o a f l a p  loads and resu l t  i n  considerable mass savings. Development of  a 
l i q u i d  cell-edge adhesive, such as BR-34, has the potent ia l  f o r  reducing 
panel mass by 10-percent and should be also investigated further. 
addition, buck1 ing  analysis of sandwich panels subjected t o  b iax ia l  
mechanical and thermal loads i s  necessary. 
I n  
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APPENDIX A 
FABRICATION OF TEST SPECIMENS 
A. 1 F1 a t w i  se Tensile and Sandwich Beam Specimens 
I n  order t o  insure tha t  the fabr icat ion procedures could be used t o  
manufacture fu l l -scale structures i n  ex is t ing  aerospace industry f a c i l i t i e s ,  
l i m i t s  o f  2.1 Wa (300 ps i )  and 6K/min (lO"F/min.) were imposed on the maximum 
pressure and heat-up ra te  tha t  could be used. 
A. 1.1 Laminate fabri  c a t i  on 
The G r / P I  materiai t s  precompacted p r i o r  t o  cure t o  remove excess solvent 
and resin. The prepreg i s  l a i d  up i n t o  the proper laminate or ientat ion,  
weighed t o  the nearest 0.lg (0.0002 lbm), and a perforated t e f l o n  coated 
f iberglass release c lo th  i s  placed on the top and bottom o f  the laminate as 
shown i n  f igure  32. Bleeder paper i s  then applied t o  each side of  the 
assembly. A t h i n  f i l m  o f  nylon i s  applied t o  an aluminum caul p la te  and the 
laminate assembly i s  placed on the nylon. A 0.305 cm (0.12 in.) th ick  mi ld  
steel upper caul sheet i s  then placed on top of the laminate t o  provide a 
smooth upper mold surface during precompaction. Two layers of  bleeder paper 
are placed unto the steel caul p la te  and the assembly i s  vacuum bagged with a 
0.01 cm (0.004 in.) t h i ck  f i l m  o f  nylon. The seal between the vacuum bag and 
the aluminum caul p la te  i s  provided wi th  a conventional l ow  temperature 
polybutadiene s t r i p  sealant. The assembly i s  then placed under vacuum t o  
ascertain the i n t e g r i t y  o f  the vacuum bag and seals. 
Laminates were B-staged by pu l l i ng  a vacuum o f  25.4 cm o f  Hg (10 in. o f  
Hg) and holding a temperature o f  483 K (410°F) f o r  two hours. The vacuum 
pressure war maintained and the laminate was cooled t o  339 K (150°F) a f t e r  
which the vacuum was released and the laminate allowed t o  cool t o  room 
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1.1 
1.2 
1.3 
1.4 
temperature. 
shown i n  f igure  33, subjected t o  a vacuum o f  71 cm o f  H9 (28 in. o f  Hg) which 
was maintained throughout the cure cycle. An i n i t i a l  external pressure of  
1.03 MPa (150 p s i )  was applied t o  the bagged laminate during which the 
temperature was raised t o  522 K (480'0 a t  a ra te of 1.7 K/min (3OF/min.). 
The extern81 pressure was then increased t o  1.72 MPa (250 psi )  and held f o r  30 
minutes. After th i r ty  minutes the temperatlire was raised t o  603 K (625OF) and 
held f o r  three hours. 
pressure, a t  a ra te o f  2.8 K/min (SoF/min) t o  339 K (15OOF). The vacuum and 
pressure were released and the laminate allowed t o  cool t o  room temperature. 
A1 1 laminates wc:.e fabricated i n  an autoclave. Af ter  fabrication, a l l  
1 ami nates were u l  trasoni cal l y  C-scanned for  defects. For qual i ty  assurance 
a l l  laminates were scanned at  frequencies from SO t o  20 Ht. Below 20 Hz cross 
p ly  laminations become vis ib le.  
fract ion, V f ,  of about 72 percent. 
A.1.2 Assembly and bonding procedures f o r  f la tw ise  tens i le  specimens 
Solvent clean the composite face sheets, honeycomb core, and 
Following B-staging the laminates were vacuum bagged and, as 
The laminate was cooled, under combined vacuum and 
Laminates had an average f i b e r  volume 
1. Surface preparation 
steel end blocks by wiping with clean cloths saturated with MEK 
solvent. After wiping, d ip  cleaned parts i n  clean MEK. Blow 
dry wi th clean dry air. 
Abrasive clean the bonding surfaces of the facings and end 
blocks by g r i t  b last ing using 120 aluminum oxide g r i t .  
pressure at  0.55 t o  0.62 MPa (80 t o  90 p s i )  f o r  h e  steel end 
blocks and 0.28 t o  0.31 MPa (40 t o  45 p s i )  f o r  the composite 
face sheets. 
Set a i r  
Repeat 1.1. 
Abrasi ve clean bonding surfaces and edges of honeycomb. 
Abrasive clean down inside of each c e l l  0.318 t o  0.476 cm (1/8 
t o  3/16 in.) a l l  four directions. 
Type of  b l  ast i ng equi pment : 
Pennwal t SS White-Industrial Products 
Abrasive Jet machining Unit, - Nodel K 
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Abrasive: 
Airabrasive Powder No. 1 
pressure : 
0.28 MPa (40 p s i )  
1.5 
1.6 
1.7 
1.8 
1.9 
Repeat 1.1. 
Weigh out and mix thoroughly 3 parts o f  BR-34 primer and 1 par t  
o f  BR-34 thinner by weight. 
Using a medium b r i s t l e d  brush, prime bonding surfaces o f  the 
face sheet and end blocks, brgshing primer i n  both directions. 
I n  a clean container (pan) pour primer t o  a depth o f  
approximately 0.318 cm (0.125 in.). 
surface down) i n  the primer, remove and shake of f  excess primer. 
Set honeycomb (bonding 
Dry primer as follows: 
Room temperature f o r  30 min. 
378K (220°F) f o r  30 .tiin., and 
483K (41OOF) f o r  45 min. 
2. Assembly 
2.1 
2.2 
2.3 
2.4 
2.5 
2.6 
2.7 
2.8 
2.9 
2.10 
Remove the FM-34 adhesive from the freezer, allow package t o  
warm up t o  mom temperature before opening. 
Cut four  pieces o f  adhesive 7.6 cm (3 in.) square ( t o  match end 
blocks and facings). 
Remove the protect ive backing f r o m  one side o f  each piece. 
Posit ion the adhesive squares on primed surfaces o f  each end 
block, and on one side o f  each facing. 
Press the adhesive i n t o  int imate contact with i t s  substrate. 
Remove remaining protect ive f i  lm. 
Assemble the specimens using 0.154 x 7.6 x 7.6 cm (1/16 x 3 x 
3 in.) s i l icone sheet rubber on top and bottom o f  specimen, and 
bonding f i x tu res  designed t o  maintain proper component 
a1 i gnment . 
During assembly insert  a thermocouple (30 o r  36 gauge) i n  the 
bond l i n e  between the end block and the facing a t  the bottom 
o f  the specimen. This thermocouple i s  t o  be used t o  control the 
bond1 i ne temperature. 
Enclose the f i x t u r e  i n  a vacuum bag. 
Posit ion the vacuum bay assembly on the press platen. 
Draw a f u l l  vacuum on the assembly. 
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2.11 Close the press t o  obtain upper platen contact with assembly, 
but only lowest possible pos i t ive pressure. 
2.12 Set temperature contro l ler  t o  589 K (600OF) bond l i n e  
tempera t u re. 
2.13 S t a r t  heating specimen. 
2.14 When bond l i n e  reaches 405 K (27OOF) apply 0.34 MPa (50 p s i )  
pressure and continue heating. 
2.15 When bond l i n e  reaches 589 K (6OOOF) hold a t  t h i s  temperature 
f o r  two hours. 
2.16 Cool t o  room temperature, 305 K (90OF) under pressure and 
vacuum. 
2.17 Remove specimen from bag and f ix ture.  
A. 1.3 Assembly and bonding procedures f o r  sandwich beam f lexure specimens 
1. Honeycomb preparation 
1.1 
1.2 
1.3 
1.4 
1.5 
1.6 
1.7 
Spray honeycomb wi th  l i q u i d  detergent inside and out. Leave t o  
soak 2-4 minutes, r inse with running warm water 2-4 minutes and 
oven dry a t  278 K (22OOF) f o r  30 minutes. 
Vapor degrease 3-5 minutes i n  Freon. 
M i x  BR-34 Adh sive as furnished (81% so l ids )  wi th  0.0076-0.013 
cm (3-5 x lom3 in.) glass beads, 1 ?art BR-34 t o  1 part beads. 
Using putty knife, completely fill a l l  honeycomb cel ls,  except 
the center 7.62 cm (3 in.), by blading mixture through c e l l s  
f rom a single side. 
Clamp honeycomb t o  hold f l a t  while curing BR-34. 
A f t e r  clamping securely, a l l o w  f i l l e d  honeycomb t o  a i r  dry 1 
hour minimum. 
temperature t o  378 K 220'F. Hold f o r  2 hours. Slowly raise 
temperature 1.1-2.8 K (2-5'F)/minute t o  589 K (6OOOF) and hold 
f o r  2 hours. Let cool and remove from fixture. 
Place i n  oven at  room temperature and raise 
Remove excess BR-34/beads f r o m  honeycomb by sawing f rom edges 
and ends t o  obtain or ig ina l  dimensions. Grind top and bottom t o  
expose core ends. Top and bottom surfaces shal l  be f l a t  and 
pa ra l l e l  +0.003 cm (+0.001 in.). 
L. Cleaning and priming 
2.1 Record measurement o f  thickness taken from center of each facing 
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Hand wipe facings using clean c lo th  saturated with MEK solvent. 
Vapor degrease and r inse i n  Freon, facings and f i l l e d  honeycomb. 
Abrasi ve clean bonding surfaces o f  f ac i  ngs and honeycomb wi th  
120 g r i t  aluminum oxide g r i t .  Set a i r  pressure a t  
(0.276-0.345 MPa (40-50 psi). Abrasive clean u n f i l l e d  honeycomb 
c e l l s  by d i rect ion g r i t  from four  (4) direct ions (both sides) so 
as t o  clean (0.318 t o  0.476 cm (1/8 t o  3/16 in.) down i n t o  
cells. Do not b las t  excessively so as t o  erode honeycomb. 
(0.276-0.345 MPa (40-50 p s i  ) . Abrasi ve c l  ean unf i 1 1 ed honeycomb 
c e l l s  by d i rec t ion  g r i t  from four  (4) direct ions (both sides) so 
as t o  clean (0.318 t o  0.476 cm (1/8 t o  3/16 in.) down i n t o  
cells. Do not b las t  excessively so as t o  erode honeycomb. 
Repezc Step 2.3. 
Remove primer from freezer and allow closed container t o  warm t o  
room temperature before opening. Weigh out and mix thoroughly 3 
parts BR-34 Primer t o  1 ~ ~ r t  thinner, by weight. Continue t o  
mix primer during application t o  prevent set t l ing.  
Using a medium b r i s t l e d  brush, prime bonding surfaces of  facings 
and honeycomb. Apply primer 0.318 cm (1/8 in.) down i n t o  c e l l s  
o r  unf i 1 1 ed port ion o f  honeycomb. 
Dry primer as follows: 
Room temperature f o r  30 minutes, 
378K (22COF) f o r  30 minutes 
483K (41OOF) f o r  45 minutes 
The cumulative time period f r o m  cleaning t o  bonding shal l  not 
e x c d  72 hours. Parts shal l  be handled with white gloves af ter  
Step 2.2. 
3. Assembly and cure 
Remove FM-34 Adhesive from freezer and allow package t o  warm t o  
room temperature before openi ng. 
Peel back protect ive backing afid pos i t ion primed surface of  face 
sheets onio adhesive f i l m .  Cut around facings with razor blade. 
Place a s t r i p  o f  0.159 cm (1/16 in.) s i l icone rubber sheet t o  
match size o f  facing i n  bottom o f  cleaned and sprayed 
(Frekote-33) f ix ture.  
Place facing, honeycomb, facing (spacer s t r i p  i f  needed), and 
top o f  f i x t u r e  i n t o  press. NOTE: Inser t  thermocouple bead at  
one end between bottom face sheet and honeycomb. 
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3 - 5  Bring platens up t o  touch. Set cont ro l lers  t o  600K (62OOF) and 
apply heat u n t i  1 bond1 i ne temperature reaches 405K (27OOF) . 
Apply 0.345 MPa (50 p s i )  and continue heat r i s e  u n t i l  bondline 
reaches 589K (6OOOF) .  Reset c o t f t r o l l e r s  t o  589K (600oF) and 
hold f o r  2 hours. (Pack Q - f e l t  o r  equal around f i x t u r e  t o  l i m i t  
heat loss.) 
3.6 Cool t o  below 339K (150OF) under pressure. 
3.7 demove specimen from press aird f ix ture.  
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A.2 Bucklinq Specimens 
To minimize the mass o f  the buckling specimens and s t i l l  maintain the 
balanced symmetric quasi-isotropic nature of  the facings it was decided t o  use 
the thinnest prepreg o f  Celion/PI comnercially avai lable which i s  Celion 
3090/PMR-15. Celion 3000/PMR-15 has an average thickness per p l y  of about 
0.007 cm (0.0028 in.) as compared t o  C.0166 cm (0.0065 in.) f o r  Celion 
6000/PMR-15. The average f i b e r  volume f rac t ion  of the Cel i on  3000 1 aminates 
i s  61.6 percent as compared t o  72 percent f o r  the Celion 6000 laminates. 
A.2.1 Laminate fabr icat ion 
Laminates o f  [0,+45,90& Cel i on  3000/PMR-15 G r / P I  were B-staged by 
pu l l i t i g  a vacuum of 25.4 cm (10 in.) o f  Hg and holding a temperature o f  491 K 
(425OF) f o r  one hour. The vacuum presslrre was maintained and the iarnlnate was 
cooled t o  339K (150OF) a f t e r  which the vacuum was released and the laminate 
allowed t o  cool t o  room temperature. 
vacuum bagged, two a t  a time as shown i n  f igure 34, and cured according t o  the 
cycle shown i n  f igure  35. Lamina?e sheets were approximately 38 x 76 cm (15 x 
30 in.) and were trimmed t o  33 x 30.5 cm ( i 3  x 12 in.) sizes. Trimned pieces 
o f  material were used t o  calculate Tg, Vf, Vv, speci f ic  gravity, and percent 
weight loss. 
A.2.2 Assembly and bondi nq Procedures 
Following B-staging the laminates were 
G1 ass/Poly i m i  de honeycomb core (Hexel HRH-327-3/8-4) o f  various 
thicknesses (0.635, 1.27, 1.91, and 2.54 cm (0.25, 0.50, 0.75, and 1.00 in.)) 
were cut t o  buckling specimen dimenstons (33 x 30.5 cm (13 x 12 in.)) and 
perforated at  node bond l i nes  as shown i n  f igure  36. 
would a l l o w  the escape of any vo1zt::es producod during the cure o f  the FM-34 
polyimide adhesive and preverd otherwise trapped vo la t i les  from producing weak 
bonds. The honeycomb core was potted a t  each ' 4  (2.54 cm (1.0 in.) i n  
Perforat ing the core 
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length) wi th  BR-34 l i q u i d  adhesive as shown i n  f igure 37. The vacuum bag 
schematic and cure cycle f o r  the end po t t ing  i s  shown i n  f igure  38. After 
cure the f i l l e d  ends o f  the honeycomb were machined f l a t  and pa ra l l e l  as shown 
i n  f igure 39. Tapered end tabs were machined from Glass/PI laminates 0.635 cm 
(0.25 in.) th ick and scalloped doublers were machined from 3 p l y  Glass/PI 
1w'nates. 
tapsred end tabs, stainless steel sheet, and G r / P I  facesheet. Faying surfaces 
o f  the assembly were primed with Br-34 and bonded using FM-34 f i l m  adhesive 
(0.059 kg/n2 (0.135 lbm/ft*)). The cure and post cure cycles used for 
secondary bonding are given i n  f igures 41 and 42. After cure, s lo t s  were 
machined i n  the potted ends o f  the specimens and alignment sheets were 
inserted and bonded. 
specimen and f igure 44 gives a view o f  the ent i re  panel. Dimensions o f  the 
panels are given i n  the schematic diagram shown i n  f igure 45. 
A.3 Qual i ty  Control 
Qual i ty  control o f  prepreg and processing technique i s  necessary t o  
Figure 40 gives a view o f  the honeycomb core, scalloped doublers, 
Figure 43 gives an end view of  a fabricated buckl ing 
insure manufacture o f  laminates and sandwich panels with repeatable 
properties. Nondestructive evaluation o f  the laminates and bonded specimens 
i s  also necessary t o  inswe structdral  integr i ty.  A discussion of the 
extensive qual i ty  control procedures f o r  composite structural  elementt f o r  the 
CASTS program i s  given i n  refe! mce 17. 
procedures for prepreg, resin, and adhesi ve and pondestructi ve evaluation o f  
laminates, the bonded specimens were also u l t r a s m i c a l l y  scanned t o  check 
honeycomb core-to-facing bonds. The thickness o f  each individual facing and 
completed sandwich panel was measured a t  s i x  panel locations (as shown i n  
f i g u r e  45) m d  average values and maximum deviations a r e  noted i n  Table 6. 
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I n  addition t o  qual i ty  control 
Digi t lzed readouts o f  45 points over each face of every panel were recorded 
and a curve f i t  routine used t o  p lo t  surface waviness o f  each panel. Figtlre 
46 i s  a typical p lot  o f  the waviness o f  a sandwich panel; the maximum 
d i  spl acement or  i rregul a r i t y ,  emax, was recorded f o r  each panel 
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APPENDIX B 
LAM I NATE THEORY 
Laminate theory i s  used t o  predict  the average e las t i c  material behavior 
o f  the facings and compare resul ts  wi th  experimental calculations. The theory 
assumes tha t  indiv idual  lamina behave orthotropical ly,  on a macroscopic level, 
and that  material properties o f  laminate composed of  several lamina oriented 
a t  various angles w i th  respect t o  one another can be determined using 
Kirchholf p la te  assumptions. The theory i s  presented b r i e f l y  below; a more 
detai led description can t e  found i n  references 45 and 46. 
Lamina and laminate geometries and coordinate systems are shown i n  figure 
47. The lamina coordinate system ( f ig .  47a) i s  aligneti w i th  the p r inc ip le  
material d i rect ions o f  lamina, para l le l  (1) and perpendicular (2) t o  the 
fibers. The iaminate Coordinate system (f ig.  47b), however, usually 
corresponds t o  loading direct ions and does not often correspond with the 
pr inc ip le  material d i rect ions o f  a p l y  or lamina. 
. 
Since each lamina i s  
asusmed t o  be homogenuous, orthotropic, and loaded i n  a state of plane stress, 
the stress-strain re la t ions i n  the natural coordinate system are 
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where f r o m  the reciprocal re la t i on  
U 2 l E l l  = U12E22 (8.3) 
I n  any other coordinate system i n  the plane-of the lamina the stresses 
can be expressed as 
where the transformed st i f fness matrix [GI, i s  calculated from the reduced 
s t i f fness  matr ix and transformation m a t r i x  [T] 
as 
where 8 i s  the angle between the f i be r  d i rec t ion  and the laminate x-axis taken 
as pos i t ive as shown i n  f igure 47a. 
The resultant forces and moments acting on a laminate are obtained by the 
integrat ion o f  the stresses i n  each lamina through the thicknssi  - 
laminate as 
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the stresses, 0, can be expressed i n  each lamina as a function of  laminate 
middle surface strains and curvatures using the Kirchhof-Love hypothesis as 
Since the state  o f  stress i s  assumed constant over each lamina equation (3.8) 
can be rewri t ten for an n-ply laminate as 
substituting equations B.9 and B . l r )  i n t o  eq. B.8 gives 
(B. 10) 
(B.11) 
where 
CAI = 5 
k=l 
CB] = 
k= 1 
(B. 12) 
k= 1 
For the case ' I  o f  a symmetric laminate wi th  no applied bending moment, such 
as the case o f  t h i s  study, the average e las t i c  properties of the laminate can 
be expressed as 
- Oa12 
Y = -  1 
Ex =q XY all 
(B. 13) 
- -a12 
Y X  a22 
IJ = -  
where [a] = [A]'' 
since only a quasi-isotropic laminate i s  considered i n  the present study and 
because i t s  balanced symnetric A16 = A26 = 0 and the m a t r i x  [a] i s :  
Cal = 
A22 OA12 0 
-A12 0 
A11A22-A122 A 1  lA22-Al; 
A 1 1 A 12 -4 2 A1 1 A22A 12 
1 - 0 l o  A66 
(8.14) 
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and therefore: 
X 
€ 
€ 
Y 
since the laminate i s  quasi-isotropic A11 = A22, hence 
(8.15) 
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APPENDIX C 
FUNDAMENTAL EQUATIONS OF SMALL-DEFLECTION SANDWICH PLATE THEORY USED I N  THE 
PRESENT STUDY 
The overal l  o r  general buckling analysis uses the small-deflection theory 
for  orthotropic sandwich plates and shel ls presented i n  references 35 and 36. 
The theory assumes that the materials are elast ic,  deflect ions are small 
compared t o  the panel thickness and that the thickness i s  small compared t o  
the other dimensions o f  the panel (see f igure 48). The analysis also assumes 
an antiplane core (modulus o f  e l a s t i c i t y  o f  core i n  planes para l le l  t o  the 
facings i s  assumed zero but the shear modulus i n  planes perpendicular t o  the 
facings i s  f i n i t e )  having an i n f i n i t e  st i f fness normal t o  the planes of the 
facings. 
Five equations re la t i ng  force equil ibr ium i n  the x-, y-, and z-directions 
and moment equi l ibr ium i n  the x- and y-direct ions and s i x  equations re la t i ng  
middle surface forces and moments wi th middle surface strains are  presented i n  
reference 36 and reduced t o  three equations i n  three unknowns Q,, Q, and w as 
shown below: 
1 z Dxy 
+ 
+ 
= o  
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and assumilly the radius o f  curvature r = - as it does f o r  f l a t  plates and that 
only in-plane b iax ia l  normal loads are applied, the t h i r d  equation i s :  
J (C.3) 
For simply supported boundary condit ions along a l l  four edges i n  which 
a l l  points i n  the boundary (not j u s t  those on the middle plane) are prevented 
from moving pa ra l l e l  t o  the edges the boundary conditions x = 0 or x = a are 
w = Mx = V = Nx = Qy = 0 and a t  a boundary y = 0 o r  y = b a r e  w = Yy = u = 
Ny = Qx = 0 (refs. 35 and 36). Assumed trigonometric solut ions f o r  w, Qx, and 
Qy which sat isfy these boundary conditions are, from reference 28 
w = A s i n  s in  a 
Qy = B sin - Imx cos y L (C.4) 
= c cos s i n  
QX a 
If equations (C.4) are subst i tuted i n t o  equations ( C . 1 ) .  (C.2). and (C .3 )  and 
the symnetry re la t ionship 
11xDy = u p x  
which was derived i n  reference 35 using Mawel 
you obtain the fo l lowing exoressfon ( re f .  28) 
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-Bett i  I s  reciproza 
K . 5 )  
theorem i s  used, 
where 
2 
'33 = DQx 
and 
D12 = 2 D + p 0 + pyOx XY X Y  
The buckling load o f  a p late  i s  obtained from equations C.6 and C.7  by 
minimizing with respect t o  m and n, the number of h a l f  waves i n  the buckle 
pattern i n  the length and width directions of  the plate,  respectively. The 
smallest n consistent with the assumption of simply supported plates i s  n = 1. 
APPENDIX D 
LOCAL BUCKLING FORMULAS USED I N  THE PRESENT STUDY 
There are several instab l i t y  modes which can cause f a i l u r e  of a sandwich 
structure; as shown i n  f igure  $9 they are: i n t r a c e l l u l a r  buckling (face 
dimpling), face wrinkl ing (ei ther symnetric or antisymnetric), and shear 
crimping. 
occurs only when the core i s  not continuous, as i n  the case of  honeycomb or 
corrugated cores. As shown i n  f i g u r e  13a, the facings buckle i n  a p la te- l ike 
fashion d i rec t l y  above core cel ls,  wi th  c e l l  edges acting as edge supports. 
These buck1 es can deform suf f i c i  ent l y  t o  cause permanent, p l  ast ic  def ormati ons 
and can eventually lead t o  the face wrinkl i i ig i n s t a b i l i t y  mode ( f ig .  49b). 
The face wrinkl ing mode i s  a local ized buckling o f  the facings i n  which the 
wavelengths of the buckles i s  o f  the same order as the thickness of  the core. 
Depending on the nature o f  the material properties o f  the core the facings can 
buckle symmetrically or antisymmetrically. For the case o f  honeycomb cores, 
i n  which the e las t i c  modulus para l le l  t o  the facings i s  very low compared t o  
the modulus i n  the d i rect ion perpendicular t o  the facings, f a i l u r e  i s  usually 
by symnetric wr inkl ing (ref. 44). Depending on the tens i le  and compressive 
strengths o f  the core material i n  tne t -d i rect ion and the f la twise tens i le  
strength of the bond between the facings and the core, the sandwich panel can 
f a i l  i n  several ways as shown i n  f igure 50 . 
Shear crimping ( f ig .  Q9c ) i s  considered t o  be a special form o f  general 
In t race l lu la r  buckling i s  a local ized mode o f  i n s t a b i l  Sty which 
i n s t a b i l i t y  f o r  which the buckle wavelength i s  very short due t o  a low 
transverse shear modulus o f  the core. This mode occurs suddenly and usually 
causes the core t o  f a i l  i n  shear, however, it may also cause a shear f a i l u r e  
i n  the core-to-facing bond. 
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There are many referenzes concerning the analysis and predictiolb o f  local  
i n s t a b i l i t y  modes o f  f a i l u r e  o f  sandwich structures (refs. 20 t o  22, 24, 25, 
and 47 t o  49). Formulas for predict ing local i n s t a b i l i t y  vary among 
references and f o r  that  reason several methods were used t o  predict  loca l  
f a i l u r e  loads an upper and lower bound werecalculated f o r  various f a i l u r e  
modes and sandwich panel thicknesses. The formulas f o r  local  buckling o f  a 
sandwich panel subject t o  uniaxial  compression and appropriate references are 
given as follows: 
Intracel- lu lar  buck1 i n g  
from references 21, and 47 t o  49 f o r  is toropic facings: 
‘dim = TEf P2 
where Ef i s  the 
honeycomb c e l l  s i  te, 
‘dim = 3Ef ($) 
facing modulus, tf i s  the facing thickness, and s i s  the 
from reference 24 
2 
from reference 25, assuming orthotropic faces 
where Ef and Ef are the facing shear moduli i n  the x- and y-direct ion 
X X 
respectively and Gfxy i s  the facing shear modulus i n  the xy plane 
For isotropic faces ec,;;?tion (0.3) reduces t o  
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Facing Wrinkl inq (Symmetric) 
From references 21 and 48 lower and upper bounds on wrinkl ing stress are 
respectively 
’ =  0.33 Ef ( tf ) 
‘wr 
and 
= 0.82 Ef ( ‘.) 1’2 
‘wr %- 
where ECZ i s  the modulus of the core 
(1 ower bound) 
(upper bound) 
i n  the d i rect ion 
and t, i s  the thickness of the core from reference 48 
facing imperfections 
‘wr 
(0.5) 
normal t o  the facings 
account i ;lg for i n i t i a l  
where Fc i s  the f la twise sandwich strength and 6 i s  the amplitude o f  i n i t i a l  
waviness i n  the facings. 
from reference 24 
for  tc/tf < 50 
= 0.5 (Gc Ec Ef) 113 
‘wr xz 2 
and fo r  t,/tf ” > 50 
1/3 - 0.76 (G E; Ef) 
z ‘wr 
(0.7 1 
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from reference 18 
OF 
m2 + 2 (D + 2 0  (if + -? 
F12 ‘66 m 
U f  
E g2 
t f m  T h +T 
Shear Crimpi nq 
From reference 21 
and from reference 47 
(D.9) 
(D.lO) 
55 
REFERENCES 
1. 
2. 
3. 
4. 
5. 
6. 
7. 
8. 
9. 
10. 
11. 
12. 
13. 
14. 
15. 
16. 
Dietr, A. 6. H.: Composite Materials. Edgar FIarlburg Lecture, An. SIC. 
for Testing and Materials, Philadelphia, PA, 1965. 
Fairbairn, W.: An Account of the Construction of the Britannia and 
Conway Tubular Bridges. John kale, 1849. 
Hoff, N. J.; and blautner, S. E.: Sandwich Construction. Presentec at 
the National Light Aircraft Meetings, I.A.S., Detroit, April 27-28, 1944. 
Hoff, N. J.; and Mautner, S. E.: The Buckling o f  Sandwich-Type Panels. 
3. Aero. Sci., 12, 3 July, 1945, pp. 285-297. 
Bert, Charles U.: Analysis of Plates. Composite Materials, Vol. 7, 
Structural Analysis and Design Part I, edited by Christos Chamis, 1975. 
Hamer, 3.: tioneycomb Structure and Its Application to the Concorde 
Rudder. Composites, Vol. 2, No. 4, Dec., 1971, pp. 242-245. 
Stein, Manual; and Uill iams, Jerry: Buckling and Structural Efficiency 
of Sandich-Blade Stiffened Composite Compression Panel s. NASA TP-1269, 
Sept. 1978. 
Salkind, M.; and Holister, GI, eds.: Applications of Composite 
Materials. STP 524, ASTH, Philadelphia, Pa., 1973. 
Rogers, C. : Structural Design with Composites. Fundamental Aspects of 
Fiber Reinforced Plastics, ed. oy Schwartr, R. and Schwartz, H., Wiley, 
N.Y., 1968, pp. 141-160. 
LuL'q, 6.; and Dastin, S. First Boron Composite Structural Production 
Pan. 26th SPI Conference Proceedings, Society for the Plastics Ind., 
N.Y., 1971, Sec. 17-C. 
Salkind, niche1 J.: Fiber Composite Structures. Proceedings of the 1975 
International Conference on Composite Materials. 
Braybrook, Roy: Fighters for the 1990's; Building on Today': 
Technology. Interavia, Jan. 1978. 
Poesch, Jon G. : Development of Lightweight Graphi te-Polyimf de Sandwich 
Panels. Non-Metal1 ic Materials Selection Processing and Environmental 
Behavior. Proceedings of the 4th National Technical Conference and 
Exhibition, sponsored by the Society o f  Aerospace Material and Process 
Engineers, Palo Alto, Calif., October 17-19, 1972. 
Stein, Bland A.; and Pride, Richard A,: 
Exposures on the Meci ical Properties of Polyimide/Glass-Fiber Honeycomb 
Sacdwiches Laiilinattr, > e a r n s .  J. Aircraft, Vol. 5, No. 1, Jan-Feb., 1968. 
. 'fects o f  450 and 6OOoF 
Stone, R. H. : Development of Graphite/Polyimide Honeycomb Core 
Materials. NASA CR-158921, Sept., 1978. 
Strouhal, George; and Tillian, Donald J.: Testing the Shuttle 
Heat-Protection Armor. Aeronautics and Astronautics, Jan. 1976, pp. 
57-65. 
56 
17. 
18 
19. 
20. 
21. 
22 . 
23. 
24. 
25. 
26 . 
27. 
28. 
29. 
30. 
31. 
32. 
Conposi tes fo r  Advanced Space Transportation Systems (CASTS). Technical 
Report f o r  Period July 1, 1975 through Apri I 1, 1978. NASA TM-80038. 
1979. 
Anon.: Design and Test Requirements f o r  the Application of  Composites t o  
Space Shutt le Orbiter. Wol. I. Sumnary, Rockwell Internat ional  Report SO 
75-SA-0178-1, D ~ c .  3, 1975. 
Anon. ; Nechanical Properties o f  Hexel Honeycomb Materials. Hexel Report 
TSB 120, 1975. 
Smith, R. H. Luckin; and Thomas, 0. J.: 
Core Sandwich Pandels. Unviersity o f  B r i s to l  Report No. 174. 
I n t e r c e l l  Buckling o f  Honeycomb 
Sull ins, R. T.; Smith, 6. W.; and Spier, E. E.; Manual For Structural  
S t a b i l i t y  Analysis o f  Sandwich Plates and Shells. NASA CR-1457, Dec., 
1969. 
Allen, Howard G.: Analysis and Design o f  Structural Sandwich Panels. 
Pergamon Press, 1969. 
Peterson, James P.: P las t i c  Buckling o f  Plates and Shells Under Yiaxial  
Loading. NASA TND-4706, Aug., 1968. 
Plantema, Fredrik 3.: Sandwich Construction. John Wiley and Sons, 1966. 
Pearce, T. R. A,: The S t a b i l i t y  o f  Simply-Supported Sandwich Panels with 
Fibre Reinforced Faceplates. University o f  B r i s t o l  Thesis Submitted fo r  
the Degree of  Ph.D., Sept. 1973. 
Ishai, O r i ;  and Soggi, Aharon: 
with FRP Facings. From the Proceedings of  the 1975 Internat ional  
Conference on Conposite Materials. 
I n s t a b i l i t y  o f  Sandwich Bear- and Columns 
Peterson, 3. P.; Influence o f  Specimen Design and Test Procedure on 
Results o f  Buckling Tests o f  Shell Structures. ASTM, STP 419. 
Anderson, M.S.; and Updegraff, R.G.: Some Research Results on Sandwich 
Structures. NACA TN 4009, 1957. 
Hoff, N. 3.;  Boley, Sruno A.; and Coan, John M.: The Development o f  a 
Technique f o r  Testing S t i f f  Panels i n  Edgewise Compression. Experimental 
Stress Analysis. Vol. 5, No. 2, P. 14, 1948. 
Reissner, E.: F i n i t e  Deflections o f  Sandwich Plates. Journal o f  the 
Aeronautical Sciences, Vol. 15, No. 7, July, 1948 pp 435-440. 
Heath, W. G.: Sandwich Construction. Correlat ion and Extension o f  
Exist ing Theory o f  F l a t  Panels Subjected t o  Lengthwise Compression. 
A i rc ra f t  Engineering, Vol. 32 P a r t s  I and 11, 1960. 
Henp, W. S.: On a Theory o f  Sandwich Construction. A.R.C. R & M 2778, 
Mar., 1949. 
57 
33 . 
34. 
35. 
36. 
37 . 
38. 
39 . 
40. 
41. 
42. 
43. 
44. 
45. 
46 . 
4;. 
48. 
49. 
Williams, 0.; Leggett, 0.M.A; and Hopkins, H.G.: 
Under Compressive End Loads. 
F la t  Sandwich Panels 
A.R.C. R&M 2/43, 1946. 
Cox, H.L.; and Riddell, J, R.: Sandwich Construction and Core Mateials, 
P a r t  111. 
1945. 
I n s t a b i l i t y  of  Sandwich Struts and Beams. A.R.C., RW 2125, 
Stein, M.; and Myers, 3.: A S m a l l  Deflect ion Theory f o r  Curved Sandwich 
Plates. NACA Report 1008, 1951 (Supersedes NACA TN 2017). 
L i  bove, Charles; and Batdorf, S. 8. : A General Small -Def l e c t i  on Theory 
f o r  F la t  Sandwich Plates. NACA Report 899, 1948. 
Raju, 8. Basava; Camarda, Charles J.; and Cooper, Paul A.: Elevated 
Temperature Applications o f  the I I T R I  Compression Test Fixture f o r  
Graphite-Polyimide Filamentary Composites. NASA TP 1496, 1979. 
Shuart, Mark J.: An Evaluation of the Sandwich Beam as a Compressive 
l e s t  Metod f o r  Composites. NASA TM 78783, Sept. 1978. 
Hanson, Morgan P. ; ad Chamis, Christos C.: Graphite-Polyimide Compos'ites 
f o r  Application t o  A i rc ra f t  Engines. NASA TN D-7698, June 1974. 
Anon. : Advanced Composites Desi gn Guide. A i r  Force Materials 
Laboratory, Wright-Patterson A i r  Force Base, Vol. IV ,  1973. 
Dykes, 8. C.: Analysis o f  Displacement i n  Large Plates by the 
Grid-Shadow Moire' Technique Exp. Stress Analysis and i t s  Influence on 
Design, M.L. Meyer, ed., Inst. Mech. Eng., C. 1971, PI;. 125-134. 
Chiang, Fu-Pen: Moire Methods of  Strain Analysis. Experimental 
Hechanics, Chapter V I ,  pp. 290-308, Aug., 1979. 
Jones, Robert E.; and Greene, Bruce E.: The Force/Stiffness Technique 
f o r  Nondestructive Buck1 ing Testing. Presented a t  the AIAA/ASME/SAE 15th 
Structures, Structural Dynamics, and Materials Conference, Las Vegas, 
Nevada, Apr i l  17-19, 1974. 
Norris, C. B.; Ericksen, W.S.; March, H. W.; Smith, C.B.; and Boller, 
K.H.: Wink l ing  o f  the Facings o f  Sanduich Construction Subjected t o  
Edgewise Compression. FPL Report No. 1810, March 1956. 
Jones, Robert M.: Mechanics o f  Comosite Materials. Scripta Book 
Conpany, 1975. 
Ashton, j. E.; Halpin, J. C.; and P e t i t ,  P. H.: Primer on Composite 
Materials: ha l ys i s .  Technomic Publishing Co., Inc., 1969. 
Anon.: Sandwich Construction f o r  Aircraf t .  ANC-23, P a r t s  I and 11. 
Munitions Board, A i rcraf t  Cornittee. U, S. Gov. Pr in t ing  Office, 1955. 
Anon. : Honeycomb and Prepreg i n Sandi wch Construction. Hexel Report 
TSB-100, 1974. 
U.S. Department o f  Defense: 
MIL-HDBK-23, 20 Dec,, 1968. 
Structural Sandwich Composites. 
58 
TABLE 1 - CURE CYCLES OF FLATWISE TENSILE SPECIMENS 
5 
NUMBER CURE I 
Same as  cure I1  but don't  apply vacuum 
DE SC R I PT I ON 
1 Vacuum + 0.34 MPa (50 psi ) a t  R. T. 
C u r e  t o  589K (60O0F) @ 5 K/min. (g0/min) hold for 2 h o u r s  
No post cure 
2 Vacuum +0.34 MPa 50 p s i )  a t  R. T. 
Post cure a t  589 K (600%) hold a t  temp. f o r  2 hours w i t h  clamps 
C u r e  t o  450K (350 6 F) @ 5 K/min. (g°F/min.) hold for 2 hours 
I Same a s  cure #l but bond t o p  and bottom facings separately w i t h  facings t o  be bonded on bottom 1 
- ~~ -~ 
Vacuum + 0.34 MPa 50 p s i )  a t  6 T. 
C u r e  t o  616 K (650 6 F) @ 5 K/min. (9°F/min.) hold for 1.5 h o u r s  
TABLE 2. - FLATWISE ENSILE TEST RESULJS OF CURE SCLE BOND STUDY 
(Core density = 96 kg/m (6 l b f / f t  ) 
A) Room Temperature 
Specimen 
Number 
Cure Cycle 
Number 
Descri p t  i on of 
Fai l u r e  
321 78-1 
321 78-2 
32278-1 
1 
2 16.24 2.80 Fdci ng del ami nation 
(3650) I (406) 
2 19.79 3.41 Fai led between facing 
(4450) (494 1 and core 
4 13.57 2.34 Faci ng del ami nat ion 
(3050) (339) 
3.25 
(472) 
-- 
32378-1 
32378-2 
~ 
Fa i led between facing 
and core. Facing 
del aminated a1 so. 
r 
5 21.13 3.64 F a i l e d  between facing 
(4750) (528) and core 
5 23.22 4.00 Facing delamination 
(5220) (580) 
32078-2 
~Facled between facing 
,and core 
1 
lFa i led between facing 
land core 
23.35 
(5250) I 
t a i l e d  between facing i and core 
Fai led between facing 
and core. Facing 
: is1 aminated. 
( 583 1 
~ Fa i  1 ed between facing 
land core 
40578-1 
40578-2 
40778-1 
3.05 I Facing delamination 
32278-2 I 
1 7.91 8 1.37 
(1 780) (198) 
1 8.363 1-44 
(1880) ( 209 1 
l a  11.23 1.94 
(2525) (281 1 
41 378-2 5 6.139 1.05 
(1 380) (153) 
Fai led second bond I [!::) 1 (422) between facing and core 3 32778-1 I 
Fai led  second bond 
between facing and core 
3 
B )  589 K (600OF) 
1.28 I 40778-2 I la I (1675) 7*4 1 I (186) 
~~ 
0.848 I (1110) 4*93a -1 (123) 
Fai led between facing 
and core 
Fai led between facing 
and core 
TABLE 3. - FLATWISE TENSILE TEST RESULTS 
a) FM-34 f i l m  adhesive, cure cycle #1 with cure temp. - 603K (625OK) 
Specimen Temp. 
Number 
('F) 
4101 1 R.T. 
41 21 3 R.T. 
41 81 9 589 
(600) 
42021 589 
(600) 
42223 589 
(600) 
42425 116 
(-250) 
42627 116 
a 1  2 R.T. 
CG34 116 
CG56 R.T. 
CG78 R.T. 
CG910 589 
(600) 
CG1112 589 
( 600 1 
CG1314 589 
(600) 
CG1516 116 
CG1718 116 
(-250) 
( - 250) 
(-250) 
(-250) 
Oescri p t i  on o f  
Fai 1 ure 
%l t 
MPa 
Core p It 
kg/m ('lbf) (Psi 1 
Densi Sy IN 
(1 bm/ft3) 
96 13.12 2.26 Facing delamination 
21 . 80 3.75 Faci nq del ami nation 
(6) (2950) (328) 
(4900) (544) 
8.8G 1.52 Fai led between 
(1 980) (220) facing and core 
7.784 1.33 F a i l e d  between 
(1 750) (194) facing and core 
3.38 0.58 Fai led between end- 
(760) (84) block and facing 
1.11 1.92 Fai l ed  between end- 
(250) (278) block and facing 
4.448 0.765 Faci ng del ami nation 
(1000) (111) 
128 18.24 3.14 Fai led between 
(8) (41 (456) facing and core 
18.46 3.18 Faci ng del ami nat i on 
13.34 2.30 Fai  1 ed between 
(3000) (333) facing and core 
22 . 24 
(41 50) (461 1 
3.83 Faci ng del ami nat i on 
(5000) (556) 
7.651 1.32 Fa i  led  between 
(1 720) (191 1 facing and core 
8.451 1.46 Fai led between 
(1 900) (21 1) facing and core 
8.051 1.39 F a i  1 ed between 
(1810) (201 1 facing and core 
18.90 3.25 Faci ng del ami nat i on 
24.24 4.18 Fa i 1 ed bet ween 
(5450) (606) facing and core 
(4250) (472) 
61 
TABLE 3. FLATWISE TENSILE TEST RESULTS 
b) Br-34 c e l l  edge adhesive, cure cyc le  #1, R.T. 
Specimen Core 
Number Density 
kg/M- 
, (1 bm/ft3) 
* (6) 
1 96 
2 
3 
4 
5 
6 
7 
8 
9 
10 128 
(8) 
Description of Qul t 
(Psi ) 
MPa Fai 1 ure PCat 
(W 
9.186 1.58 Fai led between block and 
(2065) (229) facing 
5.627 0.97 Fai led between block and 
(1 265) (141 1 facing 
5.783 0.99 Fai led between ock and 
(1 300) (144) facing 
11.30 1.94 Faci ng del ami nat i on 
(1 ocal i zed around c e l l  
edges) 
( loca l  i zed around c e l l  
edges ) 
(2540) (282) 
3.09 0.53 Facing delamination 
(695) (77) 
11.23 1.94 Faci ng del ami nat i on 
(2525) (281 1 (1 ocal i zed around c e l l  
12.41 2.14 Faci ng del ami nat i on 
edges) 
( local  ized around c e l l  
edges ) 
(2790) (310) 
12.86 2.21 Faci ng del ami nat i on 
(2890) (321 ) ( local  i zed around c e l l  
17.68 3.05 Fai'ed between facing 
(3975) (442) and core 
16.22 2.79 Facing delamination (not 
(3647) (405 1 local ized) 
edges 
I -- 0- 
0- -- 
20 . 68 3.57 I Faci ng del ami  nat i on 
- 
Fai led immediately a t  
very low load between 
block and facing 
Fai led imnediately a t  
very 1 ow 1 oad between 
block and facing 
14 96 
(6) 
19.48 3.31 Faci ng del ami nat i on 
(4380) (487 1 
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( a )  End supports. 
F igure  19. - Technique f o r  sinply-support ing panel .  
/-LOAD BLOCK 
88 
89 

X 
u, 
I 
I 
91 
t 
Ln . 
A 
d . 
m . 
N . 
111 . 
0 
w 
I *  
N 
1 .  
m 
I. 
92 
93 
w 
El 
0 
14 
4 -: 
v) 
E 
0 
.c 
Y 
- 2 1  
In 
I 
v) > 
I 
cn 
v) 
Q) 
L 
c, 
v) 
a 
W 
IU 
I 
0 
c, 
v 
n 
1 r u fu 
m 
I 
m 
N 
94 
o m  + +  
-- . 
. *  
I t  
0 
0 
rl 
0 
0 
@ 
00 
0 
95 





t 
t 0 
0 
U 
n 
l-d - 
X 
0 
0 
II 
zi 
4 
>- 
I I I J 
8 
d 
c 
3 53 0 w 0 cu 0 
09 
0 
c 
In 
N 
h 
L 
4 1
t 
W c 
Q 
0 
n 
Q 
c 
Y 
lo! 
t 
t 
n 
w n 
w > 
I I 
0 
U 
0 
\o 
0 
N a- 
x 
w 
102 
x 
I 
k - - 4  a 
QL + 
tA 
c 
. 
9 
U 
N 
x 
w 
a- 
a 
E 
- 
m 
w > 
v, 
m 
w 
z e 
0 
0 
- 
s 
v) 
v) 
N 
h 
L 
n 
cr 
3 c 
U aJ 
c 
Y c 
0 u 
a 
.c 
1 
h 
N 
aJ 
L 
3 
0, 
LL 
.c 
103 
ln 
n 
tu 
e . 
U 
N 
x 
\D 
v) 
(u 
h 
L 
P a
= 
Q) c 
9 
c 
a. 
n 
0 
W 
104 









0 
0 
r 4  
v\ 
hi 
0 1 c\i 
I 
0 
d 1 :  m 
114 

a 
SLL 
W O  + 
t- 
116 
SI 
117 
118 


8 8 U 0 
12 1 


u 
.Lo 
4 w
oc 
\ 
124 
Q 8 
125 


e 
128 
129 
w tn 
II i 
1 30 
x 
N t )r 
132 
W = 
3 c e 
3 
OL 
w 
DL 
0 u 
w 
J 
v) 
t- 
- 
5 
w 
OI. 
r= 
0, 
3 ar 
n 
2 
0 m 
v) 
2 
W 
t- 
cc 
0 
CT c 
* 
E 
.C 
c 
.C u 
P 
3 
I 
0 
I.!! 
133 
